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ABSTRACT
CONCEPTUAL DESIGN FOR A SUPERSONIC ADVANCED MILITARY TRAINER
by Royd A. Johansen

The conceptual aircraft design project is based off the T-X program requirements for an
advanced military trainer (AMT). The design process focused on a top-level design aspect,
that followed the classic aircraft design process developed by J. Roskam’s Airplane
Design. The design process covered: configuration selection, weight sizing, performance
sizing, fuselage design, wing design, empennage design, landing-gear design, Class |
weight and balance, static longitudinal and directional stability, subsonic drag polars,
supersonic area rule applied to supersonic drag polars, V-n diagrams, Class Il weight and
balance, moments and products of inertia, and cost estimation. Throughout the process
other materials and references are consulted to verify or develop a better understanding of
the concepts in the Airplane Design series.
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1. Introduction

The purpose of this project is to explore the aircraft design process to develop a design for an advanced
military trainer (AMT). There are two classes of trainers, basic and advanced. Basic trainers are for the
introduction of flying at low subsonic speeds. Advanced trainers are for pilots that will progress to faster
aircraft, such as fighters or bombers. Advanced trainers are similar to the fighter class of aircraft in that
they are smaller and more maneuverable than other military aircraft.

Aircraft design is a complex engineering process that requires knowledge and skills from multiple
disciplines, and an artistic mind to blend the different aspects together. The process requires an analysis of
the design space while considering mission requirements. Through the design process, compromises are
made in favor of critical requirements to achieve a design that meets the mission specifications and looks
appealing. If an aircraft cannot perform as expected by the customer or “look™ good, then no consumer
would buy the aircraft.

The motivation for this type of design comes from fighter planes. Fighters are fast, maneuverable, and
help develop new technologies to meet engineering challenges. An advanced trainer was chosen for the
design because it is a smaller-scale version of a fighter plane. Many of the advanced trainers in the military
are based on 30-plus-year-old technology, with many modifications to keep up with training program
demands, and will soon be meeting the end of their life-cycle. The United States Air Force (USAF) is in
the process of replacing their aging trainer, the T-38 Talon, with a program called the T-X trainer. In 2017,
the USAF requested proposals for the program from various manufacturers, such as Boeing, Lockheed
Martin, etc. Through this project, the proposed design can be measured up against the well-known aircraft
manufactures, which will help reveal the differences of aircraft design from the aerospace industry and the
theoretical teachings.

1.1  Mission Requirements

The following mission specifications are based on the requirements set by the USAF for the T-X trainer
proposals and military specification documents [1], [2], [3], and [4].

e Crew: Two, pilot and instructor

e Range: 500 nautical miles (926 km)

e Cruise speed: 510 knots (260m/s) at an altitude of 15,000ft (4.57km)

e Mach number: Capable of Mach 1.5 above 15,000ft

e Cruise altitude: 15,000ft (4.57km)

e TO and Landing field requirements: 8,000ft (2,400m) runway at an altitude of 7,400ft
(2,250m) with a tail wind of 10 knots (5.1m/s)

e Load-factor: 6.5 at 80% max weight, altitude of +15,000ft

e Maneuvering: Turn rate of 12.5%s with less than a 4,500ft (1,370m) turn radius at an altitude of

more than 15,000ft

e Climb gradient TO: 200ft/nautical mile (32.9m/km)

e Rate of climb: Subsonic 500ft/min (2.54m/s), Supersonic 1,000ft/min (5.08m/s)

o Engine efficiency: Without AB 0.8641bm/(Ibf-hr) {0.0881kg/(N-hr)}, With AB 1.98Ibm/(Ibf-hr)
{0.202 kg/(N-hr)}

1.2  Mission Profile

There are twelve flight profiles given in the T-X Trainer guidelines document [2]. The USAF, in the
list of requirements, have declared most maneuvers and training will occur between 10,000 and 18,000ft
(3-5.5km). This would include aircraft maneuvering, high g-pulls, air-to-air, air-to-ground, and other



training exercises. The general profile of the twelve flights would consist of TO, 90 nautical miles cruise
climb, flight exercise, decent, and landing. Each profile would be adjusted to fit the necessary requirements
of the training missions. Three general flight profiles are shown in Figure 1.
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Figure 1. Flight profiles of AMT

1.3 Market Analysis

The market for such an aircraft is very good. The USAF is asking for 350 T-X trainers, worth a contract
price of up to $16 billon, to replace approximately 400 T-38 Talons in the AF service [5]. The success of
such an aircraft could lead to additional procurements from the USAF and add the interest of the other
military branches in replacing their aging advanced trainers. This could also lead to other countries wanting
to procure the new modern trainer.

Modern aircraft are outfitted with many computers and advanced technologies. Today’s military pilot
demands are much more sophisticated than the simple stick, throttle, and rudder pedals of WWII. A new
advanced trainer can be properly designed with all the modern features that are required. This will be able
to prepare pilots better for the modern aircraft such as the B-2, F-22, F-35, etc. Based on the state of current
aging trainers and modern aircraft demands, the market for a modern advanced military trainer is, that it is
needed and wanted.

1.4  Technical and Economic Feasibility

An AMT is a very feasible design to achieve technically and economically. An AMT does not need all
the advanced systems and weapons that a modern fighter or bomber aircraft requires, such as stealth, range,
etc. The purpose of the trainer is to prepare pilots for the future aircraft they will be assigned for service.
This includes advanced flight maneuvers, formation flying, supersonic flight, and mission exercises.

The technology required for an AMT has been well established through the development of modern
aircraft. Composite design and technology have been proven in various aircraft across the design spectrum
and offer potential weight reduction to the overall design. Circuit systems and computers have greatly
improved since when the T-38 Talon was designed. This offers more capabilities in the cockpit and will
better prepare pilots for their future services. Modern computers also improve the design process to make
a more efficient design through utilization of software like computational fluid dynamics (CFD), finite
element analysis (FEA), and computer aided design (CAD).



A complete ground-up design costs more than modification of an already-produced plane, which is
some of the manufacturers plans to bid for the T-X contract. The benefit of a new design is that it offers the
capability to have a purpose-built design, which meet mission requirements and include design features to
better accommodate future technologies.

1.5 Comparative Study of Similar Airplanes
1.5.1 Mission Capabilities and Configuration Selection

Ten aircraft were selected based on their similarities in size and performance. The T-38 Talon and T-
45 Goshawk are current trainers for the USAF and USN, respectfully. The scorpion was initially a design
by Textron to bid on the T-X contract, but for unspecified reasons the company withdrew its proposal. The
M-346 is a design by Aermacchi, an Italian company. The T-50 Golden Eagle is an already-produced plane
by Lockheed Martin and Korean Aerospace Industries. The companies have made modifications to the
previous T-50 to better meet the requirements given by the USAF. The Yakovlev Yak-130 is a Russian
design that is categorized as a light attack aircraft. The Northrop F-5, Dassault Mirage 111, and Douglas A-
4 are light attack aircraft. Finally, the Aero L-39 was developed for advanced pilot training and later
modified for light attack missions. Table 1 outlines the aircraft configurations and capabilities.



Table 1. Comparable aircraft configurations and capabilities

Name

Image

Configuration

Capabilities

M-346 (2004)

¢ Mid/high-wing
e Conventional tail

Fly-by-wire

Night vision display
Autopilot recovery system
9 armaments points

Scorpion (2013)

e 2-engines

e 2crew

e High-wing

e  Twin vertical
e 2engines

e 2crew

Ground support
Maritime patrol
Airspace control

6 armaments

Night vision capable

e Low-wing

No armament

T-38 Talon e  Conventional tail Safety chase plane
(1961) e 2engines Aerial photography
e 2crew
e Low-wing Carrier-capable
e  Conventional tail External payload capable
T-45 Goshawk e« 1engine (practice armaments, fuel
(1991) pods)
e 2crew
e  Mid-wing Easy transition to modern
.50 Gold e Conventional tail fighters
- olden X . .
i Air-to-air and air-to-ground
Eagle (2002) * Lengine Capable ‘
o 2crew . .
Light attack and multi-role
e  Mid-wing 9 external armament points
vak-130 (1996) e  Conventional tail Light attack
e 2engines Air-to-air and air-to-ground
e 2crew capable

e Low-wing
e  Conventional tail

7 external armament points
Light-fighter

F-5 Tiger .
g e  2engines
o lcrew
e Low-delta-wing Early delta-wing development
. Tailless Interceptor

Mirage 111 * . P
e lengine Poor low-speed performance
e lcrew 5 external armament points
e Low-wing Carrier-capable
e  Conventional tail Light attack aircraft

A-4 Skyhawk e lengine Various armament types
e lcrew

L-39 Albatros

e Low-wing

e  Conventional tail
e lengine

o 2crew

2 external armament points
Light attack capable

Designed for advanced pilot
training




1.5.2 Comparison of Important Design Parameters

The ten aircraft selected were investigated for their flight parameters and specifications. Table 2
presents the performance parameters and specifications for the aircraft. The wing and thrust loading of the
aircraft were approximated from the average of the empty and maximum weights for the aircraft that did
not have reported values. The tabulated parameters were found in [6] through [17].

Table 2. Comparable aircraft parameters

Parameter Units M-346 Scorpion T-38 Talon Gc;l;;]tswk T'5g§]?éden
Wro kN 93.2 97.9 53.9 62.7 120
WEe kN 452 56.5 321 43.7 63.5
T kN 56 36 18.2 26 53
Vst km/hr 176 176 240 130 167
Range km 1,980 2,960 1,835 1,290 1,850
RC km/min 6.7 N/A 10.2 2.44 11.8
S m?2 235 16.3 15.8 17.7 23.7
b m 9.72 10.4 7.6 9.39 9.45
AR 4.0 6.6 3.6 5.0 3.8
WIS N/m? 2,795 4,737 3,325 3,001 3,884
TIW 0.84 0.47 0.65 0.49 0.96
Load limits g -3/+6 N/A -3/+7.3 -3/+7.3 -3/+8
Ceiling km 13.7 13.7 15.2 13.0 14.6
Parameter Units Yak-130 F-5 Tiger Mirage 111 A-4 Skyhawk L-39
Wro kN 101 110 134 109 44.7
WEe kN 451 427 69.1 46.5 34.9
T kN 49.0 444 60.8 41.0 16.9
Vst km/hr 165 262 193 158
Range km 2,100 1,405 3,335 3,220 1,100
RC km/min 3.9 10.5 5.0 26 1.26

m?2 23.52 17.3 34.85 24.15 18.8
b m 9.84 8.13 8.22 8.38 9.46
AR 4.1 3.82 1.9 29 4.8
WIS N/m? 2,711 4,410 3,795 3,378 2,452
TIW 0.70 0.58 0.45 0.51 0.37
Load limits -3/+9 -3/+7 -3/+9 -3/+8 N/A
Ceiling km 125 16 17.0 12.9 11.0

1.5.3 Discussion and Conclusion

The aircraft have similar configurations with the exception of the Mirage 111, a delta wing. Based on
the selected aircraft, there is no preference in wing position given the aircraft feature low, mid, and high-
wing configurations. The capabilities of the aircraft differ from one to another. Some can transition easily
to a light attack aircraft with the addition of munitions for air or ground attacks. All aircraft are capable as
ferry or escort planes. Others are capable of aerial surveillance and other light missions.

When comparing flight perimeters and performance, all the planes vary from one degree to another.
Most of the planes are between 34 and 70 KN empty weight, and depending on the design, each plane has



a takeoff weight of 46 to 135 kN. The maximum speed, rate of climb, and service ceiling of each of the
aircraft are a result of the design’s wing and thrust loading.

A low-wing loading equates to a larger wing, which produces more lift and drag. More lift is good for
low speed performance, rate of climb, and potential service ceiling, but a larger wing carries a greater drag
penalty. Coupled with inadequate available thrust or inefficient engines, this results in lower max speeds
and service ceiling.

The planes vary in wing area, which can be attributed to designer’s choice during the design process.
The choices could have been in favor of reducing drag (smaller wing) for increase speed performance, or a
larger wing for better lift characteristics for maneuvering. The other sizing parameters would have been
determined from a performance matching graph method. A matching graph is used to plot important
parameters as functions of wing loading and thrust to weight ratio. Using the plotted curves, the design
space of an aircraft can be narrowed down to a smaller area that meets specific design constraints. Using
the design point found in the matching graph, a designer can determine sizing parameters such as wing area
wing span, power or thrust required, aspect ratio, etc.

The comparison of previous aircraft gives a good baseline of what the proposed AMT configuration,
capabilities, and flight performance parameters should be. The proposed aircraft must meet the minimum
requirements of the USAF and have the capability to integrate future technologies. The AMT must be a
better platform for student pilots transitioning from basic flight training to advanced training. The critical
design parameters will be maneuverability and speed. The difficulty with maneuverability will be to ensure
the structure of the aircraft can sustain the g-loads in high-g maneuvers. Speed is an issue, because most of
the training flights are subsonic. Demanding supersonic capabilities from an aircraft that mostly flies
subsonic leads to difficult design choices for engineers.



2. Configuration Design

2.1 Comparative Study of Similar Airplanes

The aircraft presented in Table 2, section 1.5.2, are the comparable aircraft to investigate. The weights
of the airplanes vary considerably and provide a spectrum of values that should contain the design space of
the proposed aircraft for this project. The takeoff and empty weights of the aircraft in Table 2 are used in
the following weight sizing chapter.

Similarities and differences in configuration choices are noticeable from a visual inspection of the
aircraft. All the aircraft have a conventional tricycle landing-gear, aft buried engine(s), and conventional
horizontal stabilizer. Tricycle landing-gear offers the most ground stability for the fewest number of wheels
and struts. More than three wheels will increase the aircraft’s weight. Less than three will require wing
supports to maintain a level plane during ground roll and parking. Engines are placed inside the fuselage to
reduce additional drag as compared to externally mounted engines.

The main configuration differences of the aircraft are the wing location, number of engines, crew, and
vertical stabilizers. The comparable aircraft have low-, mid-, and high-wing placements. Low-wings are
selected for more maneuverability. Low-wings also allow for shorter and lower weight landing-gear due to
reduced ground clearance. Mid-wings are selected for neutral stability and more ground clearance for
underwing mounts over the low-wing. High-wings offer the most stability and ground clearance. Though
stability is good, increased stability reduces the controllability of the aircraft.

The number of engines is determined based on available engines in the market to meet specific thrust
requirements of a design. The number of crew on mission complexity. For training, an additional crew
member is needed for instructing. The number of vertical stabilizers are determined based on height
restrictions. Military hanger and door heights restrict the height of the aircraft. For this reason, designers
would choose to split a single larger vertical fin into two smaller vertical fins. If con

Though the comparable aircraft look similar, there are distinct differences. There is not a single
configuration combination that makes the best airplane. There are tradeoffs between design choices that a
designer will determine by weighing the pros and cons. There are many ways to select an aircraft’s
configuration, though certain design choices are better for specific missions. Hence, this is why many planes
look similar when they are designed for the same or similar missions.

2.1.1 Wing Configuration

Both advanced trainer and fighter aircraft require maneuverability. From the three possible wing
locations a mid or low-wing are the best options. A high-wing is not ideal because it is favored for stability.
Since stability and control are interdependent, a more inherently stable aircraft tends to have lower
controllability. A low-wing is ideal for increased controllability. A low-wing also offers potential storage
volume for landing-gear. The design requires supersonic flight, which generally equates to thinner wing
profiles. This eliminates the option of storing the landing-gear in the wing.

The ideal choice for this design is a mid-wing. A mid-wing offers neutral stability and control. The
main negative effect of a mid-wing is the structural integration into the fuselage while considering engine
inlets and structure. The compromise of complex structure integration is worth the downside to gain on
neutral stability and control.

2.1.2 Empennage Configuration

The empennage configuration will be a conventional design for an advanced trainer type aircraft. There
will be a horizontal and two vertical stabilizers. A rear horizontal is favored over a canard for pilot visibility



and over a T-tail’s tendency to have deep stall. Two vertical stabilizers are selected to help reduce the
overall height of the aircraft. Having two vertical fins also help to reduce coupled pitch and yaw modes.
This is accomplished by the shorter moment arm, when compared to a single larger vertical fin. The
negative effect of two vertical stabilizers is a reduction in aerodynamic efficiency by having vertical
stabilizers with lower aspect ratios.

2.1.3 Propulsion System

The propulsion system will be integrated in the aft fuselage section. Having an internal engine will
reduce aerodynamic drag over externally mounted engines. Placing the engine in the back of the aircraft
also presents problems. One of the problems is the need for an intake duct, which can have efficiency losses
when compared to an externally mounted engine. The other problem is a reduction in ease of maintenance
for the engine, due to the engine enclosed by the aircraft’s structure.

2.14 Landing-Gear

The landing-gear will be a conventional tricycle configuration. For supersonic capabilities, the wing
will be thinner with less storage capacity. Also, a mid-wing will require longer landing-gear when compared
with a low-wing or fuselage integrated landing-gear. Therefore, landing-gear integrated with the wing will
not be a good choice. There will be a single nose wheel with steering capabilities for taxiing purposes. Two
rear wheels will be specifically placed aft of the aircraft cg to ensure proper stability during groundroll.

2.1.5 Proposed Configuration

The above configuration design choices are presented in Figure 2. The wing will be swept for reduced
drag in the transonic and supersonic envelopes and tapered for reduced wing root bending moments. The
aircraft will feature a conventional tail with a fully moving horizontal stabilizer. Two vertical stabilizers
are selected to reduce the overall height of the aircraft. A single internal fuselage engine is selected for
reduced drag. The design will incorporate a conventional tricycle landing-gear configuration.

Figure 2. Initial AMT design sketches



3. Weight Sizing

3.1 Mission Weight Estimates
3.1.1 Database for Takeoff and Empty Weights from Similar Airplanes

The previous ten comparable aircraft are used as a database for takeoff and empty weights. The weight
values presented in Table 3 are from [6] through [16].

Table 3. Empty and takeoff weights of comparable aircraft

Airplane Type (\I/X\IE) V\QI(CI)\'ITX
Supersonic Trainer/
M-346 Light Fighter 45.2 93.2
Scorpion Trainer/ Light Fighter 56.5 97.9
T-38 Talon Supersonic Trainer 321 53.9
T-45 Goshawk Trainer 43.7 62.7
T-50 Golden Supersonic Trainer 63.5 120
Eagle
Supersonic Trainer/
Yak-130 Light Fighter 45.1 101
F-5 Tiger Light Fighter 42.7 110
Mirage Il Light Fighter 69.1 134
A-4 Skyhawk Light Fighter 46.5 109
L-39 Albatros Light Fighter 34.9 44.7

3.1.2 Determination of Weight Regression Coefficients A and B

Historic data has demonstrated there exists a linear base 10 logarithmic relationship between aircraft
TO and empty weight, shown by equation (3.1) [17].

log10 Wro=A+ B -log19o(WE) (3.1)

Where, A and B are the regression coefficients of the logarithmic equation. Using the data in Table 3, the
base 10 logarithm is taken for the TO and empty weights of the aircraft. The data is plotted, see Figure 3.
Using Excel tread line, a linear equation is fitted to the plotted data. From the equation the coefficients A
and B are determined.
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Figure 3. Determining A and B coefficients



From Figure 3, the regression coefficients are found to be: A =-0.9151 and B = 1.254. From table 2.15
in [17], the regression coefficients for a military jet trainer are, A = 0.6632 and B = 0.8640. The regression
coefficients for a jet fighter are: A =0.1362 and B = 0.9505. Comparing the results obtained from Figure 3
to previous data, there is a large discrepancy between the numbers. This can be attributed to the data used
in [17] is much older. A combination of technology and improved structural materials have made planes
better. For this project, the results obtained from Figure 3 will provide more accurate approximations.

3.1.3 Determination of Mission Weights
3.1.3.1 Manual Calculation of Mission Weights

A method for approximating We, W, and Wro is the fuel fraction method [17]. The method uses the
following steps and equations:

1. Determine the mission payload weight, Wp.
e Passengers and baggage
e Cargo
e Military: guns and munitions
e Special equipment
2. Make an educated guess for Wro.
3. Determine the mission fuel weight WEe.

WF = WFused + WFres = (1 - Mff)WTO + WFres (32)
i=7
W T Wiy 3
Mg = I1 :
Wo o, Wi

i=1

Where the subscript i indicates the flight profile phase.
4. Calculate a tentative value for Woe.

WOEen = WT0guess — WF— WL (3.4)

5. Calculate a tentative value for WE.

WEtem = WOEtem = Wito = Werew (35)

The value for Wi, can be up to 0.5% of Wro or this variable can be neglected at this point in the
sizing process.
6. Calculate We using Wro guess and the regression coefficients A and B.

log1o(Wro) — A
B

(3.6)

WEg = inv.logg (

7. Compare We and WEe tentative, if the difference is greater than 0.5%, repeat steps 2 through 6 until
convergence.

Since the aircraft being designed is for training, weapons are not required. Considering any munitions
in the design would lead to an oversized plane to support such a payload. A plane designed with munitions
would ultimately increase the lifecycle cost of the plane because a larger plane not only has more parts to
assemble but also burns more fuel. The primary goal of the AMT is to improve the pilot’s flight skills
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through training and flight exercises, and be purpose built for the mission. If weapons are considered in the
design, the aircraft would be a blend of trainer and fighter. Thus, it would increase the capabilities of the
aircraft but would reduce effectiveness as a trainer.

To determine the mission phase fuel fractions, tables [17] are provides for various aircraft flight phases
and flight parameters. Figure 4 shows a typical flight profile for a military trainer. Table 2.1 in [17], lists
fuel fractions for all flight phases except cruise and loiter.

6.0
5.0
4.0
3.0
2.0
1.0
0.0

Altitude [km]

L

Fliéht Phase -
Figure 4. Basic flight profile

To determine the fuel fraction for cruise and loitering, equations (3.7) and (3.8) are used, respectfully.

i G 1
=exp [-Rer ) )] 3.7)
i+1 ¢ $ cr L/D cr
Mok e ()]
=exp|— . C_ (38)
Wi+1 Itr jltr L/D It

An additional fuel fraction parameter is added to the calculations to account for fuel reserves. From the T-
X program requirements, the aircraft must contain enough fuel reserves for 45 minutes of flight at cruise
conditions.

The initial Wro guess is 40.0kN. Iterations are done from steps two through six until the fuel fraction
method and the regression method converged to 0.5% or less difference. This calculation results in:

) WTO = 44.9|(N
We =27.4kN
o Wr =15.4kN

3.1.3.2  Mission Weights Using the AAA Program

The AAA program is based on the aircraft design methods [17], [19]. The fuel fractions of the flight
profile phases are presented in Figure 5. The regression coefficients A and B are determined from the
aircraft presented in Table 3. The weight of the aircraft and the coefficients A and B are presented in Figure

6. The loglog plot of the aircraft’s Wroand WEe are shown in Figure 7. Figure 8 shows the output of the
aircraft’s weights from the AAA program.
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Figure 5. AAA — Flight profile weight fractions
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Figure 7. AAA — LogLog plot of comparable aircraft for We and W+o
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Figure 8. AAA — weight output

Comparing the manual calculations to the results obtained from the AAA program, the difference in
values are not significant. This confirms the values for the takeoff, fuel, and empty weights by three
different methods: weight regression, fuel fraction, and computer program.

3.2 Takeoff Weight Sensitivities
3.2.1

The takeoff weight sensitivities can be derived from equation (3.1). The empty weight can be expressed
by equation (3.9). All the following equations are taken from [17].

Manual Calculation of Takeoff Weight Sensitivities

Wg=C-Wro+D (3.9)
Where,
C=1-(1+ Mpes)(1 — M) — My, (3.10)
D= WpL+ Werew (3.11)
Substituting equation (3.9) into (3.1) results in equation (3.12)
log10 Wro= A+ B log;o(C* Wro — D) (3.12)

The sensitivity of takeoff weight to any parameter of interest can be expressed as the derivative of
equation (3.12), which is shown in equation (3.13). Where y, represents a parameter of interest.

B-wz L_g.w
IWro B TO gy TO gy 213
dy C(1-B)Wg—D (3.13)

If y = Wp, 0C/0WpL = 0 and 0D/6Wp = 1. Equation (3.13) reduces to equation (3.14).
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0Wro B-Wrg
OWp, D —C(1—B)Wro (3.14)

The sensitivity of the takeoff weight to empty weight can be directly derived from equation(3.1),
resulting in equation (3.15)

W log1o(Wrg) —A "
0 _p.w_(inv.log, [2VTo) T4y
W, o 10 B (3.15)

Equation (3.13) reduces to equation (3.16) for the following parameters: range, endurance, L/D, and
specific fuel consumption.

0Wro 0 dy (3.16)

— = (1 +Myes) (——
Where oM«/0y is:
oM Wi (Wi /W,
T Mg (L (Wit1/W5i) ) -
dy Wiia dy '

The weight ratios can be expressed in terms of the Breguet’s range and endurance equations, as shown
in equations (3.19) and (3.20).

-1

R=In (ER c(V)) 5 (3.19)
_ w; !
E=ln(p ) =E g (3:20)

The combination of equations (3.16), (3.17), (3.18), and (3.19) or (3.20) results in equations (3.21) and
(3.22).

0Wro_ . 3R
ay ay (3.21)
OWro _ . OE
ay  ay (3.22)

Where F is represented by equation (3.23).

F=—B-W2[C-Wro(1 = B) = D](1 + Mye)) Mg (3.23)
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The sensitivity of takeoff weight to range can be expressed using equations (3.19) and (3.21) to form
equation (3.24).

OWro L~
a0 (3.24)

The sensitivity of takeoff weight to endurance can be expressed using equations (3.20) and (3.22) to
form equation (3.25).

0Wrg
LA (3.25)

The sensitivity of takeoff weight to L/D can be expressed using equations (3.19) and (3.21) to form
equation (3.26).

2_1
a(—L) ' D
D

(3.26)

The sensitivity of takeoff weight to specific fuel consumption can be expressed using equations (3.19)
and (3.21) to form equation (3.27).

Wro _ Lt
o RIVEI (3.27)

The calculated weight sensitivities are listed in Table 4.

Table 4. Weight sensitivities

Parameter Units Eq. Calculated
dWro
N/N 3.14 6.10
dWpL ( )
dWro
N/N 1 2.06
O0WE (3.15)
dWro
ORu N/km (3.24) 28.2
dWro
N/hr (3.25) 22,805
aEltr
dWro
P) (—t) N/(N/N) (3.26) -1,622
D cr
dWro
N/(N/N/hr) (3.27) 16,220
acjltr

3.2.2 Calculation of Takeoff Weight Sensitivities using the AAA Program

The AAA program determines weight sensitivities very quickly. Under the weight sizing tab there is a
tab for sensitivities. Clicking the sensitivities tab shows the weight sensitivities presented in Figure 9.
Comparing the manual calculations results of section 3.1.3.1 to the AAA results, Wro, W, and W have a
difference of less than 1.0%. The results show a good approximation for the three weights. Table 5 presents
a summary of the calculated sensitivities to the sensitivity output of the AAA program. The forth column
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shows the percent difference between the calculations and AAA. Overall the sensitivities calculated match
well with the AAA program results. The AAA program does not specify the method for calculations. The
discrepancies with the last four sensitivities in Table 5 could be attributed to rounding errors in the manual

calculations.
Input Parameters
7] ; ? 2 2
B 1.2546 “3Wy 0.0 N <dM, 0.500 Wi 44883.2 N <
A A
7 7 ? 7]
My 0.7118 Wrrren 17831 M M, 20,000 W, 273548 N -3
A A A\
Output Parameters
3 2 = 2
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Figure 9. AAA — sensitivity output
Table 5. Sensitivity comparison
Parameter Calculated AAA % Diff.
dWro
6.10 6.12 0.3
dWpy,
aW:
- 2.06 2.06 0
dWEg
AW
1o 28.2 29.0 2.7
aRCI‘
dWro
22,805 23,393 2.5
aEltr
dWro
F] (—E) -1,622 -1669.6 2.8
D
dWro
16,220 16,697.2 2.9
acjltr

3.2.3 Trade Studies

Regardless of a military trainer’s mission, the beginning and end of the flight will be the same. The
aircraft will startup, taxi, take off, climb, cruise to training exercise airspace, perform training exercise,
cruise back to airport, descend, land, taxi, and shutdown. The main parameter that will change between
training missions will be flight time, which corresponds to fuel burned. Though fuel weight will affect all
flight phases, the cruise and training mission execution will be affected the most.
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Using the fuel fractions determined in section 3.1.3.1, the weight of the aircraft was determined for the
end of climb and beginning of descent. The range and endurance of the aircraft, for cruise and training

exercise, were determined for increased fuel weights. The tradeoffs are presented in Figure 10 and Figure
11.
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Figure 10. Range versus payload and fuel mass
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Figure 11. Endurance versus payload and fuel mass.

The Breguet range and endurance equations are simple to understand. Both the range and endurance
are proportional to the difference between the initial and final weights. Increasing the amount of fuel
extends the flight range and time of the aircraft. However, the performance of the aircraft cannot be
determined by the equations. Increasing the takeoff weight, with additional fuel, will require greater takeoff
distances and lower climb performance. Since the aircraft is limited to a specific Cimax, the increase in the
required lift must be produced by increasing the dynamic pressure. Additional trade studies could have been

performed but simple equation analysis of the Breguet range (3.28) and endurance (3.29) equations can
determine how parameters change in relation to others.

V L W

R= (? @InGy) (3.28)
1 L 0w

E= (g) @ In (Wf (3.29)

Considering equation (3.28), range increases if specific fuel consumption decreases or if L/D increases.
This follows that range increases with a more efficient fuel burn or a greater lift-to-drag ratio. If the range
is held constant, then the takeoff weight increases with specific fuel consumption or a decrease in L/D. This

makes sense because a poorer lift-to-drag ratio or less efficient fuel burn will require more fuel to fly the
same range.

Considering equation (3.29), endurance increases if L/D increases or specific fuel consumption
decreases. Similar to range, the aircraft can fly longer with a better lift-to-drag ratio or more efficient fuel
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burn. If the endurance is held constant, then the takeoff weight increases with increased specific fuel
consumption or decreased L/D. Analogous to range, to fly the same amount of time more fuel must be
carried if the lift-to-drag ratio decreases or fuel consumption is less efficient.

3.3 Conclusion

The calculations and analysis performed in the previous sections show a reasonable first approximation
for the critical weight parameters of the aircraft. Most of the manual calculations agree with the AAA
program results. In succeeding design phases, the weights determined in this report will be adjusted in the
refinement of the aircraft’s design. Based on the calculations and the analysis completed in this report, the
following weights will be used to further refine the design.

e Wro =44.9kN (10,090lbs)
o We  =27.4kN (6,160 Ibs)
e Wr  =15.4kN (3,460 Ibs)
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4. Performance Sizing

Performance sizing is the process of analyzing performance constraints to determine the relationship
of the thrust-to-weight ratio and wing loading for an aircraft. The general performance constraints that are
considered: stall speed, takeoff distance, landing distance, climb, speed, and maneuvering. Depending on
the type of aircraft, other performance parameters may be added. Each of these constraints can be
represented by equations involving various parameters, such as Oswald efficiency, aspect ratio,
aerodynamic coefficients, etc. At this point in the design process the various parameters are unknown and
will require engineering judgement to assume reasonable variables for the analysis. Not all the constraints
depend on T/W or WI/S.

To determine the T/W and W/S for the different performance constraints, the requirements for
performance must be defined. Table 6 lists the performance constraints found in [1] and [2]. Both references
do not specify an exact value for stall or max speed. The max speed constraint was chosen to give the
aircraft supersonic capability. This was not a specific design requirement, but research indicated an
advanced trainer with supersonic capability provides upcoming fighter pilots with additional experience in
supersonic flight regime. The performance requirements that will be evaluated are presented in Table 6.

Table 6. Aircraft performance requirements
Parameter Requirement Conditions
Vst N/A NA

e Wet runway

1,950
STo (6‘ 400 'fT:) e Alt=~23km
' e 50ft obstacle
2130 m e Wet runway
SLa ' L] Alt =-~2.3 km
7,000 ft
( ) o 80% Wr
33 m/km
CGRTo0 (200ft/nMile) e Alt=~23km
2.54 m/s .
RC (500 ft/min) *  Subsonic
L]
5.08 m/s
RC e Supersonic

(1,000 ft/min)

e 50% WE sl

G-load 7 o Alt=~4.6 km
e M<09
50% W,
® 12.5%/sec * o Rl
e M<09
R 1,372m o 50% WFr
Pk (4,500 dt) . M<09
Mmax 15 . Alt <5,5 km
c 0.088 kg/N-hr i
] (0.864 Ibm/(Ibf-hr)) ruise
0.20 kg/N-hr
c g With AB

(1.98 Ibm/(Ibf-hr))
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4,1 Manual Calculation of Performance Constraints
4.1.1 Stall Speed

The stall speed of an aircraft is only a function of wing loading, air density, and C max. The stall speed
is derived from the lift equation: )
2

L= pw Ve S C,

Assuming steady-state level conditions and substituting weight for lift, the stall speed of an aircraft is
represented by equation (4.1) [17].

2(W/S)

Ve=VvV "7
‘ p ) CL,max (41)

A stall speed of 52.1m/s is selected. This value is a few units above the average stall speeds for the
comparison aircraft used in previous sections. The density for the calculation is at sea-level, 1.225kg/m?. A
range of C.max is selected based on typical military advanced trainers and fighter aircraft, ranging from 1.2
to 1.6. Figure 12 is the thrust-to-weight versus wing loading plots obtained. The arrows indicate the side of
the line that satisfies the requirement.

1 . C
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Figure 12. Stall speed performance sizing graph

4.1.2 Takeoff Distance

The takeoff distance for military aircraft is composed of the rolling TO distance plus the ground
distance to clear a 50 ft obstacle. For the T-X program requirements [2], the takeoff distance and flight
conditions are given in Table 6. The TO distance is derived from the forces acting on the aircraft. The
resulting equation is (4.2) [18].

1.44 - W2
TO

g P S CL,maX{T - [D + Ur(WTO - L)]}

S10 = (4.2)

The negative acting forces, drag and rolling friction, can be assumed to be much less than the force due
to thrust [18]. This simplification reduces equation (4.2) to equation (4.3).

1.44(Wro/S)

o L,max

St0

For calculations, the following is assumed:

e gravitational force is 9.807m/s?
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o sea-level density
[ ] 12 < Cl_,max <16
e WI/S from 500<W/S<3500N/m?

The resulting curves are shown in Figure 13.
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Figure 13. Takeoff distance performance sizing graph

4.1.3 Landing Distance

The derivation for landing distance is the same as takeoff distance. The only differences are no thrust
force, unless the aircraft will have thrust reversers, and the rolling friction coefficient. If the aircraft will
have brakes, then the rolling friction coefficient must account for the braking friction coefficient. At this
stage in the design, there will be no thrust reverser and the aircraft will have brakes.

Equation (4.4) is used for landing distance [18]. A paved runway has a rolling friction coefficient of
0.02 [18]. If an airplane is equipped with breaks, the value is 0.4 or 20 times. A wet runway must be
considered [2]. Engineering textbooks list the wet asphalt/rubber friction coefficient as 20-25% less than
the dry friction coefficient. For these calculations, pis chosen as 0.3. A range of C.__is chosen based on
the stall speed calculations. The landing weight can be approximated as 80% of the takeoff weight [17].
Figure 14 shows the wing loading for the scenarios calculated.

1.69 - Wﬁa
S = N
b g P’ S- CL,max[D + I'lr(WLa - L)] (44)

1 —
E 0.8 CL,max
<
£ 06 12
s —14
=04 16

0.2
2000 3000 4000 5000
W/S (N/m?)

Figure 14. Landing distance performance sizing graph

4.1.4 Drag Polar Estimation

The drag polar shows the relationship between the lift and drag coefficients. The drag coefficient is
composed of three terms: skin friction drag, induced drag due to lift, and wave drag [18].
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CD = CDO + CDi + CDW

At this point in the aircraft sizing process the skin friction drag can be approximated using statistical data
for similar aircraft. The lift induced drag is a function of the C., Oswald efficiency (e), and wing AR. To
calculate the lift induced drag a range of C. values are selected between 0.0 and 1.6, and the Oswald
efficiency and AR can be approximated using similar class of aircraft. For trainers and fighter aircraft [17]
lists Oswald efficiencies around 0.8, Cp, around 0.025 to 0.05, and aspect ratio around 4 to 6.

Wave drag is a function of airfoil nose radius, wing sweep, and wing taper. At this point there is no
design for a wing therefore, [18] recommends approximating the wave drag for a flat plate for initial
performance sizing. An assumption of the flat plate wave drag is that the angle of attack is small, less than
13°. The wave drag is a function of angle of attack and Mach number. The simplified approximate form for
the wave drag coefficient is equation (4.5).

C2 4o
C=C +— 1 +___
P Do m-e AR YM2_1 (4.5)
sutsonic ®
supersonic

Figure 15 is the drag polar for the takeoff configuration. Skin friction drag increases due to deployed
landing-gear and high-lift devices (HLD). Figure 16 is the drag polar for the clean configuration. Figure 17
is the drag polar considering wave drag.
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Figure 15. Takeoff and landing drag polar
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Figure 16. Clean drag polar
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Figure 17. Supersonic drag polar

4.15 Climb Constraints
4151 Rate of Climb

The rate of climb for an aircraft is determined from the excess power and weight by the following
equation [18].

av 1Dreq — V(T - D)

w w w

excess power P

The above rate of climb equation can be rewritten in terms of the thrust-to-weight ratio and the drag-to-
weight ratio.

T D
RC = Vg (———)
W W

Assuming the lift generated by the aircraft is not significantly greater than the weight, the weight in the
denominator of the drag term can be replaced with lift, and Vi can be replaced by the equation for velocity.

T D
RC = Vi (——2)
W L

v=x/(W/S)i
CL Pw

Substituting in the velocity equation and the aerodynamic coefficients, the rate of climb is a function of
wing loading, freestream density, C. for climb, and the lift to drag ratio. The rate of climb equation can
then be expressed with equation (4.6) [18]. For takeoff climb, C_ qi is the same as the takeoff configuration
and has a corresponding lift-to-drag ratio as determined using the takeoff drag polar.

2(W/S) T 1

RC=V—— (=~ (4.6)
Poo - CLC“ \'\ ( L)
Cpaii
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415.2 Climb Gradient

The climb gradient is the ratio of vertical distance traveled per time over the horizontal distance traveled
per time. This relation can be expressed as the rate of climb over the horizontal velocity.

h RC
CGR=— = —
VCF VCI'

The climb gradient can be expressed by equation (4.7) [18]. The design requirements specify the climb
gradient at takeoff. Equation (4.7) can be solved for RC and substituted into equation (4.6). Substituting the
correct variables for density, lift, and drag, the wing loading, and thrust-to-weight ratio relation can be
determined.

CGR = J¢
v (4.7)

From the requirements listed in Table 6, there are three: takeoff, subsonic cruise, and supersonic cruise.
Figure 18 shows the T/W and W/S for the three requirements. For the climb gradient calculation, parameters
are selected on the proposed altitude and the most efficient lift-to-drag ratio as determined from clean and
supersonic drag polars.
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Figure 18. Climb requirement performance sizing graph

416 Speed Constraint

In the steady-state cruise condition the thrust equals the drag and weight is equal to lift. The following
relation can be expressed:

)

T D Cp
W L
Substituting in the equation for the expanded drag coefficient:

T 1 C2 4o Co CL 4oz
_=_(C 4__ v + )=—2+ +

W ¢ ™ meAR ym2—1 G mre AR gVMI-
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Substituting the lift coefficient equation into the above equation results in equation (4.8) [19]. This equation
is not for calculating the speed of the aircraft. The speed of the aircraft is contained in the dynamic pressure
term. Equation (4.8) is a thrust-to-weight and wing-loading relation dependent on the freestream velocity
masked in the drag coefficient equation.

T dw-Cp, wW/S Joo 42
— = °+ + G
W W/S  g,-me-AR /SYMZ—1 (4.8)

s ubs onic

- .
supersonic

The dynamic pressure is determined from the conditions at altitude and Mach number indicated. The
angle of attack is determined from the C. corresponding to the wing loading, dynamic pressure, and the
change in C_ with respect to angle of attack. Figure 19 shows the T/W and W/S relation for the Mach
number of 1.25 and 1.5.
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Figure 19. Speed requirement performance sizing graph

4.1.7 Maneuvering Constraint

The turn rate is expressed by equation (4.9) [18]. The radius of the turn can be expressed by equation
(4.10) [18]. These two equations are only functions of the gravitational force, flight speed, and g-loading

(n).

oo SoVni—1 (4.9)
Voo
Vé
R=—— —
e (4.10)

To determine the thrust-to-weight ratio and wing loading for a maneuver, the same derivation is used
as for the speed requirement in section 4.1.6. To perform the maneuver there must be sufficient thrust to
overcome the drag of the aircraft at the g-load. This results in equation (4.11) [17].

T _qoo'CDQ+ (W/S)n2

— S (4.12)
w wW/S Joo ' T €e-AR
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The turn rate and turn radius requirements calculate flight speeds well below the maximum speed from
the previous section and are therefore satisfied. The T/W and W/S relation for the high-g maneuver is the
critical maneuver requirement to analyze. Figure 20 shows the T/W and WIS relation for the high-g
maneuver at varying AR.
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Figure 20. Maneuvering performance sizing graph

4.2 Calculation of Performance Constraints with the AAA Program

The AAA program is used to verify the calculations and the results obtained from section 4.1. The input
parameters for each performance constraint are taken from the manual calculations. The results from AAA
are shown in the following sections. The input screen dumps are in the top of the figures and the bottom is
the performance sizing graphs for the performance requirements.

4.2.1 Stall Speed
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Figure 21. AAA — Stall T/W versus W/S
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4.2.2 Takeoff Distance
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Figure 22. AAA — Takeoff distance T/W versus W/S
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Figure 23. AAA — Landing distance T/W versus W/S
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4.2.4 Drag Polar Estimation
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Figure 24. AAA — Takeoff drag polar
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Input Parameters
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425 Climb Constraints
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Figure 26. AAA — Takeoff climb T/W versus W/S
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4.2.6 Speed Constraint

4.2.7
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Figure 27. AAA — Speed T/W versus W/S

Maneuvering Constraint
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Figure 28. AAA — 7g maneuver T/W versus W/S
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4.3  Summary of Performance Constraints

The combined performance sizing graphs from AAA are presented in Figure 29 and the manual
calculations combined performance sizing graph is presented in Figure 30.
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Figure 29. AAA — Performance sizing graph
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Figure 30. Hand calculation performance sizing graph

From the design point in Figure 30,indicated by the red star, the wing-loading is determined to be
2,436N/m?and the thrust-to-weight ratio is determined to be 0.659N/N. The design point is selected at the
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intersection of maximum speed, high-g maneuver, and stall speed. At this point, all other performance
sizing requirements are met as indicated by the arrows in Figure 30.

Using the design point, the performance is calculated for each of the performance categories using the
equations presented in section 4.1. Table 7 lists the indicated performance correlating to the design point.
The takeoff and land distance, and takeoff climb are evaluated at 2.5km because some USAF bases at higher
altitudes ranging from 7,500 to 8,000 ft (~2.5 km). The other parameters are evaluated at the same
conditions used for the performance sizing analysis.

Table 7. Performance at design point

Parameter Value Units Condition
44,920 N
Wro 10,100 b Takeoff
W 0.659 N/N Takeoff
Sea-level
29,600 N
T 6.655 b Sea-level
2,436 N/m? Takeoff
WIS 50.9 Lbs/ft? Sea-level
s 18.4 m2 N
198 ft?
Vv 53.3 m/s Sea-level
ST 175 ft/s Cimax=14
s 405 m Alt =2,500m (8,200ft)
To¢ 1,330 fit CLmax= 1.4
s 716 m Alt =2,500m (8,200 ft)
LG 2,350 fit CLmax= 1.4
540 m/km
CGRTo 2850 f/nMile Alt =2,500m, CLmax = 1.4
65.2 m/s
RCsub 12,835 f/min Alt = 4,570m (15,000ft)
69.8 m/s
RCsup 13.740 f/min Alt = 5,486m (18,000ft)
478 m/s
Vmax 1,570 f/s Alt = 5,486m (18,000ft)
Mmax 15 Alt = 5,486m (18,000ft)
n 71 Alt = 5,486m (18,000ft)

4.4  Propulsion System Selection
4.4.1 Propulsion System Type

The type of propulsion system can be determined from an altitude versus Mach number plot as depicted
by Figure 31, which shows the types of propulsion systems used based on Mach number envelopes
correlating to the maximum velocity at altitude.
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Figure 31. Mach altitude plot [19]To create an altitude versus Mach or velocity graph, equation (4.12) [18]
is used. The relationship is derived from the thrust = drag equation, but neglecting wave drag. Using the
density at various altitudes the maximum velocity can be determined based on the design point
determined from the previous section. The speed of sound at altitude is calculated by equation (4.13). The
maximum Mach at altitude is calculated by the Vmax at altitude divided by the speed of sound at altitude.

T w W J T:> 4Cp
VW 1 () (VW) |~ e ar (4.12)
\Y/ =
max poo N CDO
Aat = \/Yair ) Rair ) Talt (413)

The Mmax versus altitude for the design point is shown in Figure 32. Comparing Figure 32 to Figure 31,
for the design point of the aircraft a turbofan or turbojet must be considered for the propulsion system to

achieve the required thrust of the design point.
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Figure 32. Mach versus altitude
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4.4.2 Number of Engines

The number of engines required depends on the available thrust an engine can produce or designing a
new engine to satisfy the requirement. Since the lead times for new engines are long and expensive, a list
of currently produced engines for military applications is compiled, see Table 8. The design point resulted
in having a thrust requirement of about 29.6 kN.
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The Pratt and Whitney (P&W) F135 is currently used in the F-35 program. The F135 meets all the
requirements but is simply oversized for the application. The P&W F100 has a significant amount of thrust
and meets the specific fuel consumption requirements but is oversized for the application. The GE F404
has been used in various Boeing aircraft and the F-117. The F404 is a viable option but has a greater mass
than other options, so it will not be considered.

The Eurojet EJ200 is used in the Typhoon fighter. The EJ200 is selected because it has the lowest mass
compared to the other engines and it meets the specific fuel consumption and thrust requirements. Further
analysis and design refinement will determine if a larger engine must be considered if the required thrust
increases over the available thrust of the EJ200

Table 8. Possible engines

Engine Tas (kN) T (kN) Mass (kg)  C; (g/(N*hr)) (kgf(j,@ﬁr)) # F‘;‘;g&?rg(‘fs
P&W F135 190 125 1,700 0.089 N/A 1
P&W F100 130 79 1737 0.077 0.20 1
GE F404 79 29 1,036 0.083 0.18 1
EJ200 90 60 1,000 0.082 0.17 1

45 Summary of Performance Sizing

The critical design parameters have been determined from the weight and performance sizing. These
values are listed in Table 9. The propulsion system analysis determined the engine of choice would be the
EJ200. If thrust required increases over the available thrust of the EJ200, then the F100 engine will be

considered.

Table 9. Summary of critical parameters

Parameter Value Units
Wro 44.9(10.0) kN(klbs)
We 15.4(3.46) kN(klIbs)
WEe 27.5(6.18) kN(klIbs)
Treq 29.6(6.65) kN(klbs)
Sreq 18.4(198) m2(ft?)
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5. Fuselage Design

The purpose of this section is to develop a general understanding of the cockpit layout and approximate
fuselage shape. The main components are the crewmen, engine, and adequate space for subsystems. The
design methodology has been developed from historical and adapted industry standards [20]. Military
standards were also considered as additional references [1], [3], [4].

5.1 Layout Design of the Cockpit
5.1.1 Dimensions and Weights for Crew Members

The design requires the cockpit to fit two crew members, one pilot and one instructor. The average
military crewman weighs 180Ibs (801N) plus about 20lbs (89N) for gear [20]. Therefore, the total weight
of a crewman and gear is 200lbs (890N). An average standing male crewman is shown in Figure 33, and
Table 10 lists the dimensions corresponding to Figure 33. The average body width of a male across the
shoulders is 533mm, at the elbows 561mm, and at the hips 457mm [20].
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Figure 33. Standing crewman dimension relations [20]
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Table 10. Dimensions for male crew members (mm) [20]
Dimension 1 2 3
1600 1750 1900
870 920 990
230 255 280
300 335 370
620 685 750
350 390 430
435 475 515
850 950 1050
140 150 160
760 805 875
300 330 360
300 325 350
50 60 70
200 220 240
190 200 210
260 270 280
80 90 100
25 300 30
20 30 30
20 20 20

CHnwnTVO TV OZIrX—IOmMmMmMOO®m>»

Figure 34 shows a sitting crewman, and Table 11 lists the corresponding dimensions. The columns in
Table 10 and Table 11 represent the dimensions of an average person. If female pilots are being considered,
then all male crewman dimensions and weights should be adjusted by a factor varying from 0.80 to 0.85
[20].
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Figure 34. Sitting crewman dimension relations [20]
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Table 11. Sitting dimensions for male crew members (mm) [20]

Dimension 1 2 3 4
A 940 991 1041 1092
B 768 781 800 806
C 127 127 127 127

D (deg) 21 19 16 16
E (deg) 101 101 101 101
756 768 787 794
254 248 248 254
368 349 343 330
483 483 483 483
152 152 152 152
229 229 229 229
292 349 394 445
914 889 876 876
127 127 127 127
235 235 235 235
381 381 381 381
178 178 178 178
635 635 635 635

DO v O0OzZ2Zrrx~a—IOT

Using the dimensions in the third column (column heading, 2), a three-dimensional footprint of a sitting
crewman is modeled using Solidworks. The model is shown in Figure 35.

Figure 35. Crewman space sitting position

5.1.2 Layout of Cockpit Seating and Cockpit Controls

The layout of the cockpit depends on the dimensions of the pilot and visibility. The recommended seat
arrangement for military trainers and fighters is shown in Figure 36. For the class of aircraft in the design,
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ejection seats must be considered. Figure 37 and Figure 38 show the ejection seat requirements. Figure 39
shows the typical military trainer and fighter cockpit layout.
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5.1.3

The following method [20] is used for determining cockpit visibility. Cockpit cutaways of the proposed
cockpit can be found in the following section, 5.1.4.

Determination of Visibility from the Cockpit

1. Locate point C on the horizontal vision axis as shown in Figure 40.

2. Make sure that the distance labelled L. in Figure 41b is within the indicated range.

3. Draw the angle ¥ = 8.75°.

4. Locate point S with the help of the distance ‘C’ as defined in Figure 42 and in Table 10. The
maximum allowable value for C is 80 cm.

5. Orient the pilot seat in accordance with the dimensions of Figure 42.

6. Draw in the areas required for cockpit control and for seat motions and adjustments.

7. Check the minimum required visibility with the visibility rules of Figure 40 and Figure 41.
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5.1.4 Cockpit Layout

Figure 43 to Figure 45 are cutaways of the drawings for better viewing of the cockpit. A military trainer
is smaller in comparison to a large commercial transport plane and the ratio of cockpit to fuselage size is
considerably larger. The cockpit of a military trainer from a visual inspection is 30 to 50% of the fuselage.
Therefore, individual drawings or zoomed-in dimensional drawings of the cockpit were not necessary.

Figure 43. Cockpit cutaway side view

Figure 44. Cockpit cutaway top view

Figure 45. Cockpit cutaway front view
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5.2 Layout Design of the Fuselage

The fuselage design used the T-50 Golden Eagle side view as a reference shape. Most of the fuselage
design was completed in section 5.1. The only other main feature to consider is the engine. The engine
placement was previously determined in the configuration design, chapter 3. The engine cutout that can be
seen in Figure 46 was sized from the outer dimensions of the EJ200 engine. The manufacturer lists the
dimensions as 4.0 m long and the maximum diameter of 0.737 m. Figure 47 through Figure 49 are the side,
top, and front views. Figure 50 shows the preliminary engine intake ducts. Figure 51 is an isometric view.
Dimensional drawings can be found in the closing chapter.

Figure 46. Fuselage cutaway side view.

Figure 47. Fuselage side view

Figure 48. Fuselage top view

Figure 49. Fuselage front view
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Figure 50. Preliminary engine intake ducts

Figure 51. Fuselage isometric view

5.3 Summary of Fuselage Design

The overall fuselage design is determined based on pilot viewability and engine placement. The general
design of the fuselage is used as a baseline that will require refinement as other features are added, such as
the wing, empennage, etc. The integration of the wing structure and landing-gear may require a redesign of
the engine intakes. The current design utilizes two intakes on each side of the cockpit.

The overall fuselage design is based on similar class of aircraft. These aircraft are those considered in
the comparable aircraft section, such as the Lockheed Martin T-50 Golden Eagle, Textron Scorpion,
Aermacchi M-346, etc. The aircraft have been certified to military requirements and therefore are a good
reference to base the cockpit and fuselage design on.
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6. Wing Design

The purpose of this chapter is to develop the general geometry of the wing and control surface sizing.
Through the proceeding analysis and calculations, the following wing parameters are determined: aspect
ratio, thickness ratio, taper ratio, airfoil, wing incidence, geometric twist, and overall shape. Based on the
wing design appropriate high-lift devices and control surfaces will be sized.

6.1 Wing Planform

During the configuration design, the wing planform was selected to be a mid-wing. The proposed
design requires transonic cruise capability. For the transonic cruise, analysis must be completed to
determine the ratio of sweep angle to airfoil thickness ratio using equation (6.1). As a figure of merit, the
weight of the wing can be estimated with equation (6.2) [21].

M2 cos 2( ) 34C, M2 cos2(A) y+1 1.32(t/c)?2
VT=MEcoztny & 64(t/c) ( 2 ) [c osi?U + cos3i7ii]} +1- M2 cosz(m) L[O€@) Feosy (6.1)
Y41 068CL  034C.2
+M2 cos2(A) {1+ (" D +( Yp-1=0
r cos?(Rh) cosZ(hh)
21-n) ? 0593
w [{—} {(tan(p) ——) +1.0}-10-9] {AR(1 +2)}08950741 (6.2)
v D) AR(1+2) w

max

Where Ky = 1.0 for fixed wing or 1.175 for swing wings, A is wing sweep angle to the leading-edge, and
Nuie is ultimate load factor.

Using equations (6.1) and (6.2), the relationship between wing sweep angle, thickness ratio, and weight
are determined, see Table 12. The calculation is based on sea-level conditions and M = 0.85. A higher Mach
number than the previously determined cruise is used assuming some subsonic flight exercises will exceed
the cruise Mach. Based on the design choices, the relationship between wing sweep and thickness ratio can
be seen in Figure 52. Figure 53 shows the relationship of wing sweep angle versus wing weight as a
percentage of takeoff weight.

Table 12. Wing sweep angle versus thickness ratio

A [deg] t/c Ww [N]

0 0.0554 2968
10 0.0628 2670
20 0.0866 2223
30 0.130 1848
40 0.195 1632
50 0.2836 1598
60 0.3928 1799
70 0.516 2483
80 0.6323 5140
90 0.404 N/A
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Figure 52. Wing sweep versus airfoil thickness ratio
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Figure 53. Wing weight percent of takeoff weight versus wing sweep angle

When considering airfoils, a thickness ratio of more than 20% results in large increases of drag. Based
on the analysis presented in Table 12, wing sweep of more than 40 degrees should not be considered since
it shows a relationship of more than 20% thickness ratio. Also having a considerable amount of wing sweep
would lead to reduced low speed aerodynamic performance of the wing. In consulting the wing geometry
tables in chapter 6 [19], wing sweep of this class of aircraft range from 0° to 60°. From the tables in chapter
8 [19], the comparable aircraft thickness ratios ranged from 6% to 15%. Based on the analysis and
comparable aircraft, the wing sweep angle is selected to be 35°to the leading-edge and a thickness ratio of
8%.

6.2  Airfoil Selection

Selecting an airfoil for a wing requires an in-depth analysis of all the critical flight phases: takeoff, low
speed, supersonic speeds, ect. Such analysis is beyond the scope for this project, but a discussion is
necessary to convey the important design criteria that must be considered when selecting an airfoil or
developing the geometry for a new airfoil.

The wing of an aircraft can be considered to have two or three sections depending on the complexity
of the design. Depending on the wing’s performance requirements, each section’s airfoil shape would be
customized to achieve the desired performance. The important variables to consider for each section of the
wing are: drag coefficient, desired lift coefficient, critical Mach number, and pitching moment coefficient
[19].

For the purpose of this project, a single airfoil will be considered. The performance sizing was
completed considering a C.max Of 1.4. This is not considered a high value for an airfoil to obtain. Sincethe
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AMT is being designed with supersonic capabilities, the selected airfoil should consider features that help
to reduce wave drag. From supersonic thin airfoil theory, the wave drag coefficient is calculated by equation
(6.3) [22].

4 _ K
Cow = ﬁ[a2 + 00X + () Ig (6.3)

: 4
Where a. is the angle of attack, o.(x) s the mean square of the camber line, and ( 4. ) is the mean
X

square of the thickness distribution. Based on equation (6.3), symmetrical and low thickness ratio airfoils
are more favorable for transonic and supersonic flight regimes to serve the purpose of reducing wave drag.

Another critical aspect to consider is the leading-edge of the airfoil. This is because when the flow
across the wing is supersonic, the leading-edge determines if the shock wave is attached or detached. A
detached bow shock will have greater wave drag than an attached one and require a more powerful
propulsion system. An airfoil with a rounded leading-edge would be considered a subsonic leading-edge,
and a sharp leading-edge would be considered a supersonic leading-edge.

Determining whether to consider airfoils with a supersonic or subsonic leading-edge is a tricky design
choice for the AMT because most of the flying would be subsonic. A supersonic leading-edge has very
poor low speed performance. This is because at low speeds and increased angles of attack, the flow will
detach as it goes around sharp leading-edge and then reattach. This is considered a leading-edge stall. As
the angle of attack is increased, the length of the detached flow increases until the flow is fully detached
and there is a complete stall. This can result in abrupt and violent stall characteristics for the wing.
Considering a pilot coming in for a landing, an abrupt stall could result in a crash.

These are some of the important parameters and design features to consider when selecting an airfoil(s).
For the purpose of this project and analysis, a NACA 0008 airfoil will be used, shown in Figure 54.

Figure 54. NACA 0008

The aerodynamic polars for various Reynolds numbers are shown in Figure 55 and Figure 56, which are
obtained from airfoiltools.com. Airfoiltools.com uses Xfoil software.

ClvCd , Cl v Alpha

/ Re legend

5.0E+04
( 2 .0E+05
5.0E+05

Figure 55. NACA 0008 aerodynamic polars
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Figure 56. NACA 0008 aerodynamic polars

The aerodynamic polars presented in Figure 55 and Figure 56 are verified by performing an airfoil
analysis on the NACA 0008 with the XFLR5 program. XFLR5 is a program built on the Xfoil software
with a user-friendly interface. The results obtained, see Figure 57, are similar to airfoiltools.com. This
makes sense because they are obtained using the same software.

Figure 57. NACA 0008 coefficient polars from XFLR5

6.3 Wing Geometry

The wing design evaluation is completed to ensure that the wing’s design C;,__ is obtained. During
takeoff and landing, there is more drag and the flight speeds are low. Therefore, a greater C. values is
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required to obtain the necessary lift. For the AMT, a C;,___of 1.4 was determined in the performance sizing
for takeoff and landing. Since the AMT is primarily designed to traverse a range of different flight
conditions, and is more maneuverable in comparison to a transport plane, a clean C;,__ is not as critical
when compared to takeoff and landing. The landing C;, _ is also not as critical, because the plane is lighter

in comparison to the takeoff configuration. Therefore, satisfying the takeoff requirement will also satisfy
the landing requirement.

Though the clean Cy, __is not critical, a reasonable value must still be considered which will be used

to size the high-lift devices. Though the airfoil results are promising, 3D effects reduce the aerodynamic
performance of a wing, when compared to an 2D airfoil. From performance sizing the wing area and aspect
ratio have been determined to be 18.4m?and 5, respectfully. The wing span is calculated using equation
(6.4) and is found to be 9.60m.

AR _ b 2b
? Cave Cr(l + }\) (64)

A common practice in wing design is to incorporate chord taper along the wing span to reduce the wing
root bending moment. This helps to reduce the required structure and offers weight saving advantages. The
taper ratio is defined by equation (6.5). For the AMT a taper ratio of 0.25 will be used.

A=c/e (6.5)

Given the span, taper ratio, and aspect ratio, the root chord is 3.07m, from equation (6.4). The mean
aerodynamic chord is calculated using the root chord length and taper ratio with equation (6.6) [22]. The
mean aerodynamic chord is 2.15m.

2 A4+
C 35T 1 (6.6)

The chord tip is calculated with the taper ratio and the root chord length from equation (6.5). Table 13
summarizes the developed wing geometry.

Table 13. Preliminary wing geometry

Parameter Value
S 18.4 m?
b 9.60 m
c 2.15m
Cr 3.07m
Ct 0.768 m
ALe 35°
A 0.25

6.4 Wing Design Evaluation

Based on the airfoil analysis, a wing with a clean C;, _ of 1.0 can be achievable. The recommended
increase to account for tail (or canard) trim is 5 to 10 percent [19]. Therefore, a clean C;,_of 1.05 would
be ideal. A straight wing C;,__ is calculated using equation (6.7).

‘max

Clmaxe T Clmaxq

=k > (6.7)

C
Lmaxw
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The maximum sectional lift coefficient of the wing root and tip, and the wing taper correction factor (k) is
determined using the AAA program. These are found to be:

®  Clyax, 1.25
®  Clmay 1.19
o k 0.968

The above values resultina Cy,,, ~ of 1.18. Because the AMT has a swept wing, the Cy,,, ,, Must be
correct for sweep using equation (6.8). If the quarter-chord sweep angle is greater than 35°, then another

method should be employed [19].
CL = (L, CoS(/c/4) (6.8)

MaXswept maXynswept
The corrected Cy,,,,, is 1.02. Comparing this value to the desired value of 1.05, the difference is less
than 5%. If the difference between the desired and calculated C;,__ is greater than 5%, and if the clean

Cy,., value is critical, then a design change is recommended [19]. The above calculations are verified with

the AAA program, which uses the same or similar methods. Figure 58 through Figure 60 are the screen
dumps of the navigation process through the AAA verification.
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v - dy ‘ E
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Figure 58. AAA — Airfoil Cimax
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Figure 59. AAA — Wing geometry
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Figure 60. AAA —Wing Cy max

6.5 Design of the High-Lift Devices

The purpose of the high-lift devices is to increase a wing’s Cy,__ to the required takeoff and landing
Cr,.. - Some modern fighters utilize leading and trailing-edge high-lift devices for improved

maneuverability. The USAF wants an advanced trainer that prepares pilots for modern aircraft. The AMT
will employ both a leading-edge nose flap and trailing-edge flap to offer more maneuverability, when
compared to designs without such devices. The following is the method and analysis for sizing the AMT’s
high-lift devices as presented in chapter 7 [19] and chapter 8 [24].

The first step is to determine the incremental change in C;, _for takeoff and landing from the clean
Cy,,., using equation (6.9).

ACy,,,, = 1.05 (CLmaXTO,La —CL.) (6.9)
The factor of 1.05 is to account for trim penalties associated with balancing the aircraft [19]. From

performance sizing, a takeoff C;, _  of 1.4 was determined. Using the 1.02 C;,, ~ of the wing determined
in the previous section, the AC,__is 0.40. The change in sectional maximum lift coefficient must be
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calculated to determine the sectional lift coefficient, Ac,. The change in maximum sectional lift coefficient
is calculated with equation (6.10).

u\,Lmax D

A = & (6.10)

The wing sweep factor, K, , is calculated with equation (6.11).
Ka=[1 — 0.08 cosz(Ac/4)] cosO75(Ac/a) (6.11)

The flapped wing area is defined in Figure 61 and the ratio of the flapped wing area to total wing area can
be calculated using equation (6.12).

Sf (no - ni) [2 - (1 - 7\)(‘11 + no)]
S 1+A (6.12)

The spanwise flap locations 1, and n; are non-dimensional values from the centerline with respect to the
half-span.

TRAILING EDEE FLAPS LEADING EDGE FLAPS

e ; -
308 fwu& Y. ¢
=y S | A
E_“'_‘;'um— [ (™ | 74 I ?
w 5 | '

CINGLE S\Dﬁl\

T o

n
FLAP % oear

Figure 61. Wing flapped area [24]

For maximum maneuverability, the leading-edge and trailing-edge flaps should span the total wing
span, minus the intersection area of the wing and fuselage. The problem with this is, the sectional lift would
increase across the wing span. Any increase in outboard wing lift would increase the wing root bending
moment and would require increasing the wing’s structure to support the load. Therefore, the flapped wing
area will be considered to cover half of the wing span extending off the fuselage. Approximately where the
wing will be placed, the fuselage is about 0.85m from the centerline of the aircraft. Therefore, the spanwise
location niis 0.1875 correlating to 0.9 m from the centerline. With ni = 0.1875, nois 0.6875.

Using equation (6.12), the ratio of flapped wing area to total wing area is found to be 0.537. From
equation (6.11), the wing sweep factor is 0.843. With these two values, Ac; __ is found to be 0.876.

6.5.1 Trailing-Edge Flaps

The required change in sectional lift coefficient (Acy, ) for a trailing-edge flap is related to the Ac;,
by equation (6.13).
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ac)

max

AC]req = K (6 13)

The factor K is determined using Figure 62. The trailing-edge flap should be approximately 20-30% of the
wing’s sectional chord. This will allow a reasonable amount of space for a rear wing support spar. The
arrows in Figure 62 show the indicated values used in the trailing-edge flap sizing. The colors correlate to
corresponding parameter values in figures that fallow used for the trailing-edge flap sizing.
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K= AC"E!!!! 0b
b MY E
1 3 PLIT FL | o
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Figure 62. Relation of flap chord ratio and K factor [19]

The design sectional lift coefficient incremental increase for plain flaps, is related to the derivative of
the sectional lift coefficient with respect to flap deflection (¢, )6fflap deflection (&¢), and flap chord ratio
correction factor K’ by equation (6.14).

Aciy, = iy Br- K (6.14)

The Cls, is related to the flap chord ratio and airfoil thickness by Figure 63. The flap deflection, flap chord
ratio, and factor K’ are related by using Figure 64.

0 o\ 0.2 03 oy 0s
—Cg /e

Figure 63. Effect of thickness ratio and flap chord ratio on CI:EISf [19]
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Figure 64. Effect of trailing-edge flap deflection and flap chord ratio on K’ [19]

Based on flap chord ratios of 0.2 and 0.3 selected, the corresponding ¢ 5 is found with Figure 63.

Deflected flaps can be thought of as giving the wing variable camber. Cambered airfoils have higher C;,__

and greater lift-curve slopes. This also correlates to increased drag. To help keep the drag rise to a minimum,
low flap deflections of 10°and 20° are selected. The correlating factor K’ is found in Figure 64. Table 14
lists the determined values from Figure 62 through Figure 64. The parameters that meet the design are
highlighted in green.

Table 14. Effect of flap chord ratio and K factor on Ac.

Values .
Parameter Units
Red Arrows Blue Arrows

ctlc 0.2 0.3 N/A

K 0.83 0.64 N/A
Req. Ac 1.04 1.35 N/A
Gy, 3.6 7.4 1/rad

Ot 10 20 10 20 deg

K 1.0 0.86 1.0 0.79 N/A
Des. Ac 0.628 1.08 0.768 1.21 N/A

6.5.2 Leading-edge Flaps

The leading-edge flaps are evaluated using the method presented in chapter 8 [24] for plain nose flaps.
The change in sectional lift is a function of nose flap deflection angle (6n) and the derivative sectional lift
with respect to the nose flap deflection angle (¢; Q,frepresented by equation (6.15)

AC]nf = Clﬁnf ' 8nf (615)

The ¢, . is related to the nose flap chord ratio by Figure 65. Three values of nose flap ratio are selected for

evaluation: 0.1, 0.2, and 0.23. Figure 66 shows how Ac, .varies with flap deflection angle for the three
selected values of cy/c. Table 15 lists the selected design parameters.
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Figure 66. Effect of dn¢ and cni/c on Aci

Table 15. Nose flap parameters

Parameter Value
CnilC 0.2
S0 20°
Acy, 0.90

6.5.3 High-Lift Devices Evaluation
The Cy, . is verified by combining equations (6.9), (6.10), and (6.14) to form equation (6.16).

maxT

C _ (Aciy- Kyg + Acy - Kig)Ka(Se/S) | (-
bmax T.05 bmax o (6.16)
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This is the reverse process of determining Acy,  for the trailing-edge flaps. For the design choices of the
leading-edge and trailing-edge flaps, the AMT’s calculated C;,__ 0 is 1.44. This satisfies the performance

sizing requirements.

6.6  Design of the Lateral Control Surfaces

Based on the tables in chapter 8 in [19], ailerons for this type of aircraft have a wing half span of 20 to
100 % but average to about 40% on the outer half of the wing. The aileron chord length ranges from 10 to
40 %. For the initial design, the aircraft’s ailerons will extend off the trailing-edge flaps and have an aileron
chord ratio of 20%. The last step is to place the main spars of the wings. The clearance between spars and
control surfaces is recommended to be at least 0.5% of the chord length [19]. The leading-edge spar is
placed at the quarter-chord, and the trailing-edge spar is placed 5.0cm from the trailing-edge flap and
aileron.

6.7 Drawings

The summation of the analysis and the design choices for the wing geometry have resulted in the half
wing drawing presented in Figure 67. The drawings show the dimension call-outs of the proposed geometry.
The quarter-chord, spar, and aileron locations are shown as well.

A-LE Plain Flap 12.41°
BE-TE Flain Flap 0.768
C-Ailleron
D-Spar 0.5588
0.192
1.500
2.400
0.%00

Figure 67. Proposed wing geometry , dimensions in meter
The analysis and design completed for the wing provides a good baseline. There is one more critical

parameter to check. The wing volume is utilized for control surface subsystems and fuel storage. The fuel
volume can be approximated with equation (6.17) [23].
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(6.17)

The fuel volume approximation is based on historical data. If a more accurate approximation is needed
or if the calculated value is too close to previous estimations a different method should be employed [23].
Equation (6.17) is only a function of wing area, span, root thickness ratio, taper ratio, and thickness taper
ratio, tw. The thickness taper ratio is defined with the following equation using the wing root and tip
thickness ratios.

(/o
™ (/o

The fuel volume is calculated to be 1.29m3. From the weight sizing analysis, the fuel required with
reserves was 15.4kN. The average density of jet fuel is 800kg/m?, based on Figure 68. This correlates to
1.96me. Based on the results, about 1/3 of the fuel will have to be stored in the fuselage. But, since a
significant volume of the wing intersects with the fuselage, most of the fuel will have to be stored in the
fuselage. Another option would be to increase the wing size to accommodate the fuel, but this will result in
more drag for a larger wing therefore, the current design will remain as is.

800

4 -® 20 -0 O Y 20 X €& H 0 M & 0

Temperature, €

Figure 68. Aviation jet fuel densities versus temperature [25]

6.8 Discussion and Conclusion

At this point in the design the fuselage and wing have been determined. Using the geometry determined
in the wing design, a 3D wing is modeled in Solidworks. Combining the fuselage and the wing, the proposed
combination can be seen in Figure 69 through Figure 71. The exact position of the wing is an approximation.
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The exact x-location and z-location of the wing may be adjusted for adequate stability and control. This
will be determined in the static stability and control section.

The proposed position of the wing root’s leading-edge is near the back of the cockpit and the vertical
position is approximately at the top of the engine inlets. The incidence of the wing root was selected to be
three-degrees which offers C. for cruise. The wing tip has a negative two-degrees incidence to help reduce
washout effects and to help maintain aileron controllability in low speed high angles of attack.

Figure 69. AMT front view fuselage and wing

Figure 70. AMT side view fuselage and wing

T 3

.
T T 5 T T 2
. -n——-”

Figure 71. AMT top view fuselage and wing

From a visual inspection the wing appears to be a reasonable size in relation to the fuselage. Additional
analysis on the wing must be completed using the area ruling method to ensure adequate supersonic
performance. Table 16 summarizes the wing geometry determined in this chapter.
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Table 16. Summarized wing geometry

Parameter Value Units

18.4 m?

Aspect Ratio 5.0 N/A
9.60 m

Span (41.5) (ft)

Mean Chord (g'ég) (::)
Root Chord (iboz) (%

. 0.768 m

Tip Chord (2.52) ()

c/4 Sweep 30.1 deg

LE Sweep 35.0 deg
Thickness Ratio 8.0 %

Root Incidence 3.0 deg

Tip Incidence -2.0 deg
LE flap % Y2 span 50 %
LE flap % chord 20 %
TE flap % %2 span 50 %
TE flap % chord 20 %
Outer Aileron % %2 Span 31.25 %
Aileron % Chord 20 %

60



7.  Empennage Design

The purpose of this chapter is to develop the preliminary sizing of the empennage. The empennage is
responsible for trimming the aircraft in pitch, and to maintain directional yaw control. The horizontal
stabilizer and vertical fins are determined using tail volume coefficients. There are no elevators to size
because a fully moving horizontal will be used. The rudder control surface is sized similarly to the wing
control surfaces.

7.1  Overall Empennage Design

The horizontal stabilizer and vertical fins are sized using the tail volume coefficient method [19]. The
tail volume coefficient method sizes the empennage surfaces from wing geometry and tail volume
coefficients of historical data. The only required wing parameters needed to size the empennage is the wing
span, area, and mean chord length from Table 16 (previous section). The tail volume coefficients are
expressed by equations (7.1) and (7.2). Equations (7.1)and (7.2) can be rearranged into equations (7.3) and
(7.4) to solve for the area of the stabilizer and vertical fin.

W= )% (7.1)
Xy * S
%= 72)
VY-S
Sh = X, (7.3)
V:S-b
Sv="1 (7.4)

The only parameters not defined in equation (7.3) and (7.4) are the reference lengths and tail volume
coefficients. The reference lengths for the stabilizer and vertical are defined as the distance between the
quarter-chord and wing’s root leading-edge. The tail volumes are selected based on historical aircraft, see
Table 17. The empennage tail volumes are sized from the average of the historical aircraft. The empennage
reference lengths are estimated based on what looks reasonable, which will be verified in the stability and
control analysis. For the purpose of this calculation, the moment arm of the horizontal will be 6.0m and the
vertical will be 4.5m. Solving equation (7.3) and (7.4) results in a stabilizer and fin areas summarized in
Table 18 and Table 19.

Table 17. Tail volumes of comparable aircraft

Aircraft Y v
F-14 0.40 0.06
F-15 0.20 0.098
F-16 0.30 0.094
Dassault Alphajet 0.43 0.084
Aero L-39 0.58 0.083
Average 0.38 0.084

7.2 Design of the Horizontal Stabilizer

Class I horizontal sizing follows the methods in chapter 8 of [19], this is completed based on historical
aircraft and designer’s choice. For advanced trainers and fighters, the horizontal AR of comparable aircraft
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range between 2.5 and 4.0. Comparing the historical aircraft, the leading-edge sweep angle of the horizontal
stabilizer ranges from 25°to 45°.The horizontal sweep angle should be greater than the wing’s sweep to
ensure the horizontal maintains pitch control at high angles of attack. For advanced trainers and fighters,
the horizontal taper ratio ranges from 0.16 to 1.0.

The horizontal stabilizer is not a lifting surface and therefore it has no C. requirement to satisfy. The
average thickness ratio for this class of aircraft is about 10%. The airfoil to be used for the design will be a
NACA 0010. Analogous to the airfoil discussion in the wing design chapter, the actual airfoil profile would
be determined from an in-depth analysis of the critical flight conditions. Since maneuverability is an
important requirement, no dihedral is considered at this point in the design. Also, no incidence angle is
considered because the horizontal will be a fully moving stabilizer. Sizing of the horizontal stabilizer uses
the same equations used to size the wing. Table 18 summarizes the horizontal geometry determined.

Table 18. Horizontal stabilizer geometry

Parameter Value Units
Aspect Ratio 3 N/A
Area, Sy 2.51(27.0) m2(ft?)
Span, bn 2.75(9.02) m(ft)
MAC 0.971(3.19) m(ft)
Root ¢ 1.31(4.30) m(ft)
Tipc 0.523(1.72) m(ft)
LE Sweep 40 deg
Taper Ratio 0.4 %
Airfoil NACA 0010 N/A
Dihedral Angle 0 deg
Incidence Angle 0 deg

7.3  Design of the Vertical Stabilizer

Sizing the vertical fin follows the same procedure as the horizontal stabilizer, chapter 8 [19]. For a
vertical fin, the sizing usually consists of only one fin. The AMT will feature two smaller fins, and to
account for the efficiency loss of splitting the total area, the total vertical fin area is increased by 10%. For
advanced trainers and fighters with twin vertical stabilizers, the vertical AR of comparable aircraft range
between 0.4 and 2.9. An aspect ratio of 1.5 is selected. The comparable aircraft have a range of vertical
quarter-chord sweep angles from 0°to 60°. This design will utilize a leading-edge sweep angle of 45°. The
average thickness ratio for this class of aircraft is 10-15% and utilizes a symmetrical airfoil.

For vertical fins, only an incidence is required for propeller airplanes. This is because the flow through
the propeller induces a sideslip flow on the vertical fin. To correct for this, an incidence is placed to balance
the directional stability of the airplane. Since the AMT is not in this class of aircraft no incidence is required.
The dihedral angle is defined as the projected geometric-plane of the aerodynamic surface and the XY-
plane of the aircraft reference frame. A dihedral angle of 75° is selected to reduce the interference from the
canopy wake. Table 19 summarizes the vertical fin geometry.
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Table 19. Vertical fin geometry

Parameter Value Units
Aspect Ratio 15 N/A
Area, Sy(2) 3.64(39.2) m2(ft?)
Span, by(1) 1.65(5.41) m(ft)
MAC,¢(1) 1.17(3.84) m(ft)
Root ¢ 1.57(5.15) m(ft)
Tipc 0.629(2.06) m(ft)
LE Sweep 45 deg
Taper Ratio 0.4 %
Airfoil NACA0010 N/A
Dihedral Angle 75 deg
Incidence Angle 0 deg

7.4  Design of the Longitudinal and Directional Controls

The longitudinal control surface as previously mentioned will be a fully moving horizontal stabilizer.
This design concept was realized during the flights of the X-1, see Figure 72. Initially the plane’s horizontal
incident angle was fixed with elevator control surfaces. In a flight at M = 0.94, pilot Chuck Yeager noted
elevator ineffectiveness. Jack Ridley, an engineer on the test flight team, determined this was due to shocks
forming across the horizontal stabilizer. The solution was to incorporate a fully moving horizontal
stabilizer, which proved to be successful. The stabilator, or flying tail, is now a predominate feature seen
on most conventional empennage supersonic aircraft.

Figure 72. X-1 aircraft

The initial estimate for sizing of the rudder is completed using historical data of similar aircraft. Tables
8.8b and 8.9b [19], the length of the rudder root is 20 to 50 % the vertical fin’s chord length and the rudder
tip section is 30 — 50%. The design of the AMT’s rudder will be 40%. Typical designs utilize the entire
span of the vertical stabilizer for the rudder length. Considering structure and mechanical features, the
rudder will be 90 % of the span, and positioned 5% from the root and tip edges.

7.5 Horizontal Stabilizer and Vertical Fin Geometry Drawings

Figure 73 shows the NACAOQ010 profile selected for the horizontal stabilizer and vertical fins. Figure
74 is the horizontal stabilizer geometry as summarized in Table 18. Figure 75 is the vertical fin geometry
as outlined in Table 19.

Figure 73. NACA 0010 profile
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A-Spar

Figure 74. Horizontal stabilizer geometry drawing , units in meters

A-Spar
B-Rudder

Figure 75. Vertical stabilizer geometry drawing , units in meters

7.6  AMT Views with Horizontal and Vertical Stabilizers

The sizing of the horizontal and vertical stabilizers has resulted in the updated CAD model presented
in Figure 76 through Figure 78.

Figure 76. AMT front view with empennage
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Figure 77. AMT side view with empennage

Figure 78. AMT top view with empennage

7.7 Discussion and Conclusion

The critical geometry for the aircraft’s aerodynamic surfaces has been determined. From a visual
inspection, the wing, horizontal stabilizer, vertical fin and fuselage appear proportionally correct with
respect to one another. The static stability and control analysis will help to refine the design to adjust the
sizing of the flight surfaces.

The horizontal stabilizer area for comparable aircraft is 1.9 to 14m? (20-150ft2). The proposed design
has a horizontal stabilizer area of about 2.51m? (27.0ft?). The horizontal stabilizer moment arm for
comparable aircraft is 2.7 to 7.3m (9-24ft). The AMT’s horizontal moment arm is 6.0m. Since the
horizontal’s area is on the lower end of the comparable aircraft range, the moment arm corresponding to
the higher range of the comparable aircraft moment arm makes sense.

The vertical stabilizer area for comparable aircraft is 1.4 to 14m? (15-150ft?). The current design has a
total vertical stabilizer area of about 3.64m? (ft2). The vertical stabilizer moment arm for comparable aircraft
is 3.0 to 7.6m (10-25ft). The AMT’s moment arm is 4.5m, which is in the low-mid range of the comparable
aircraft. This could be a hint at needing a design correction, but the directional stability analysis will
provided better reasoning to correct the design if needed.

The sizing and analysis completed in this section gives an estimation of the geometry for the horizontal
and vertical stabilizers. The proposed geometry is within the range of expected values for similar type of
aircraft. The proposed configuration of the aircraft is only an estimate and will be used as a baseline to
further refine the design. The analysis to be completed in the S&C section will help to determine if the
position and area of the wing, stabilator, and vertical stabilizer are acceptable for the design.
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8. Class | Weight and Balance and Landing-Gear Design

The purpose of this chapter is to estimate the weight and locations of the different weight groups. Based
on the weight and location of the various components, the aircraft cg is determined. Based on the aircraft
cg location, Class I landing gear design is performed. The Class | method includes: positioning the landing-
gear to meet ground stability criterion, sizing the tires and struts, and verifying the configuration fits the
aircraft model.

8.1 Weight and Balance
8.1.1 Estimation of the Center of Gravity Location for the AMT

The cg of the AMT is approximated using the weight fraction method [21]. The method is a top-level
estimation of component weights based on similar existing aircraft. The purpose of the method is to rapidly
estimate aircraft component weights without requiring large engineering man-hours. The comparable
aircraft component weights [21] have been converted to S.I. units from the given Imperial units. Table 20
lists the aircraft and their component weights. The takeoff weight is adjusted to only account for the
components listed in the table. The weight groups of the comparable aircraft are averaged, see column
Average, and the weight group averages are converted to a fraction with respect to the total weight average,
see column FF/Wio.

Table 20. Similar aircraft component weights (N)

Aircraft T-38 F-4 F-15 F3H-2 F/IA-18 *Harrier Average FF/W+o
Fuselage 8,829 14,541 9,052 13,651 20,839 9,163 12,679 0.135
Wing 3,403 9,697 12,018 7,557 16894 6,418 9,331 0.099
Empennage 1,357 2,976 1,463 2,891 4203 1,655 2,424 0.026
Nose LG 610 1,210 1,320 1,157 2784 1,486 1,428 0.015
Main LG 1,423 2,824 3,079 2,699 6076 3,011 3,186 0.034
Fixed . 8,709 11,890 12,192 18,642 22,836 12,130 14,400 0.153
Equipment
Trgf’poﬁ? Fuel 276 320 388 470 749 454 443 0.005
Propulsion
sub- 3287 3621 6,014 2811 8820 5,435 4,998 0.053
components
Engine 4,617 15519 16,217 13,429 19100 16,969 14,308 0.152
Fuel 17,418 29,637 16,280 31,136 48,305 34,512 29,548 0.314
Crew 1779 890 890 890 1779 1779 1334 0.014
Wiot 49,929 92,234 78,024 94,443 150,607 91,233 92,745 1.00

The AMT’s aircraft type, advanced trainer, resembles a small fighter type class of aircraft. Some fighter
planes are selected for this purpose. Total weights are calculated from the component weights used.
Expendable payloads (armaments) and external fuel stores of the similar aircraft are not considered in total
aircraft weight because the AMT does not have these components. The underlined values for the landing-
gear were given as total weights [21] for landing-gear. Therefore, the nose and main landing-gear are
approximated at 30 and 70 percent of the total weight for the purpose of placing component cg’s.

Certain components of the AMT are known, such as crew and the engine. The other weight groups that
are unknown are estimated using the weight fractions listed in Table 20. Using the determined Wo from
chapter 4 weight sizing, the unknown weight groups are multiplied by their weight fractions from Table 20.
The weights for the various groups are shown in the Weights column in Table 21.
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The cg locations of the main components are estimated, based on reasonable judgement, or determined
from the Solidworks CAD model (wing, fuselage, empennage, engine, and crew). The cg of the modeled
parts is found with the mass properties tool in Solidworks. The side view of the proposed AMT is shown
in Figure 79.

Figure 79. Aircraft side view with coordinate system

A coordinate system has been placed 5.0m ahead and 5.0m below the aircraft nose to allow space for
changes in the design. This is done to ensure that as the design is refined, the components’ location does
not change sign (+/-) with respect to the reference point. The locations of the components are taken from
this reference point. The aircraft cg is estimated by summing the moments and dividing by the sum of the
component weights or the total weight, see equation (8.1).

1

r —_— r; - W
cg \A{Otiz 1 1

(8.1)

The equation is applied for each X, Y, and Z direction. Where r represents the X, Y, or Z position of
the component. Table 21 lists the weight of the components and their location. There is a difference in total
weight from the value determined in the weight sizing chapter. This is because the weight fractions of the
engine and crew are greater than the comparable aircraft used for the calculation. Figure 80 is a top view
of the model with component cg markings and descriptions. Figure 81 is a side view of the same model.

Table 21. Component weights, coordinates from reference point, and weight fractions

Component Weight (N) X (m) Y (m) Z (m) FF/Whot
Fuselage 6,053 11.60 0.0 5.21 0.120
Wing 4,455 13.97 0.0 5.48 0.089
Empennage 1,157 17.33 0.0 5.88 0.023
Nose Gear 682 7.70 0.0 4.15 0.014
Main Gear 1,521 13.90 0.0 4.05 0.030
Fixed

Equipment 6,875 10.10 0.0 5.50 0.140
T%ﬁf’ed Fuel & 211 12.40 0.0 5.50 0.003
Propulsion

Subsystems 2,386 12.60 0.0 5.15 0.047
Engine 9,807 16.55 0.0 5.16 0.195
Fuel 15,391 12.45 0.0 5.25 0.306
Crew 1,783 9.40 0.0 5.66 0.035
Whot 50,322 12.95 0.0 5.256 1.0
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Figure 80. Top view with component center of gravity

Figure 81. Side view with component center of gravity

8.1.2 Center of Gravity Location for Various Loading Scenarios

Using the tabulated values in Table 21 and equation (8.1), the aircraft cg is determined for different
loading scenarios. Figure 82 shows the change in Xcg, with respect to the reference point, for loading and
unloading scenarios. Table 22 lists the cg location based on Figure 82. The cg travel for various loading
and unloading scenarios does not change significantly. The x-position of the cg ranges from 12.96 to
13.38m resulting in about 40cm of travel for the loading scenarios., Advanced trainers and fighters typically
have a cg travel of 10 to 20 percent of the wing mean aerodynamic chord, [19] page 243. The mean
aerodynamic chord of the wing is 2.15m which corresponds to a cg travel of 21.5 to 43.0cm. The AMT’s

cg travel is within this margin.

50,000

— 45,000

40,000

Weight (N

35,000

30,000
12.9

= Loading

Unloading

13.2 13.3 134 13.5
Xcg (m)

Figure 82. Xq travel from ref. point for different loading scenarios
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Table 22. Center of gravity location for loading and unloading scenarios from reference point

Loading Weight (N) Keg (M) Yeg (M) Zeg (M)
Empty 32,936 13.38 0.0 5.24
Trapped F&O 33,148 13.37 0.0 5.24
Fuel 48,539 13.08 0.0 5.24
Crew 50,322 12.95 0.0 5.26
Unloading Weight (N) Keg (M) Yeg (M) Zeg (M)
Fuel 34,931 13.17 0.0 5.26
Crew 33,148 13.37 0.0 5.24

8.2 Landing-Gear Design

8.2.1

The general landing-gear configuration was determined in configuration design, chapter 3. A
conventional tricycle landing-gear configuration was selected. For conventional tricycle landing-gear there
are general criteria that must be satisfied to ensure the aircraft is stable during ground operations. The main
landing-gear must be aft of the cg but not too far such that significant stabilator deflection is required during
take-off rotation. Figure 83 shows the recommended angle between aircraft cg and the main landing-gear
is 15°. Lateral stability must also be satisfied by ensuring the main gear wheels form an angle with the most

aft cg position of less than 55°, as shown in Figure 84.

Landing-Gear Configuration, Tip-Over, and Ground Clearance Criteria

MOST AFT C.G.

Ground clearance is another criterion that must be considered. Figure 85 shows the longitudinal and
lateral ground clearance criterion. For longitudinal criterion, the angle between the ground, main gear, and
tail should be greater than 15° and the lateral criterion is that the angle between the ground, main gear, and

Figure 83. Tricycle gear longitudinal tip-over criterion [19]
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Figure 84. Tricycle gear lateral tip-over criterion [19]

wing or wing mounted objects must be greater than 5°.
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Figure 85. Ground clearance criterion [19]

The lateral ground clearance criteria are satisfied with an angle of about 31.2°. The longitudinal criteria
is satisfied with and angle of 16.3°. The tip-over criterion is satisfied if the main gear is at least 0.574m
from the centerline of the aircraft. The main gear will be placed 1.10m from centerline of the fuselage.

8.2.2 Length and Diameter of Struts, and Tire Specifications

The strut and tire sizing depend on the maximum load (P) per strut. The maximum load per strut for
the nose gear is calculated with equation (8.2), and the main gear is calculated with equation (8.3). The
variable ns is the number of struts. Figure 86 shows the definition of the dimensional quantities used in the
equations. The dimension ¢,is 5.68 m and the dimension €y is 0.520m. The maximum load per strut for the
nose gear is 7.70kN and the maximum load per strut for the main gear is 21.3kN.

Wro-1
p—_10om (8.2)
S N
P = Wro- 1y
Hsﬂm + lnj (8.3)

Figure 86. Landing-Gear position and symbols [19]

The size of the tires can be estimated from similar aircraft using the ratio of maximum load per strut
and take-off weight. The nose gear ratio is 0.10. Comparing this ratio to similar aircraft, [19] table 9.2 page
224, the tire dimensions should be a diameter of 43.2cm and width of 11.2cm. The ratio for the main gear
is 0.90. Using the same table from [19], the main landing-gear tire dimensions should be a diameter of
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59.2cm and a width of 16.5cm. Based on similar aircraft, one tire will be used for the nose gear and two
tires will be used for the main gear, one for each side. Since this is a military aircraft, [6] recommends a
type VII tire, which is typical for the class of aircraft or aircraft tires with high pressure loads.

The length of the strut depends on the landing-gear longitudinal and lateral criterion. From the aircraft
component weight break down, estimates of the landing-gear position have been determined and the
estimated lengths can be calculated using the dimensional relations. The diameter of the strut can be
estimated from equation (8.4) [26], which is based off statistical data of produced aircraft. The units for the
equation are in ft and Ibs. The equation directly below (8.4) is the same equation converted to SI units, cm
and N.

ds = 0.041 + 0.0025vPum (8.4)

ds =1.25 + 0.036VPum

Using the maximum load per strut calculated in the previous section, the minimum diameter of the nose
landing-gear strut is 3.8cm and the minimum main landing-gear struts are 6.6¢cm.

8.2.3 Landing-Gear Drawings

Using landing-gear drawings in [19] and [26], landing-gear configuration and positions are sketched in
Solidworks. Figure 87 shows a side view of the proposed landing-gear configuration. Figure 88 is a back
view of the nose gear, and Figure 89 is a back view of half the main gear. The other main gear was not
drawn because it is a mirror image about the aircraft centerline. In the figures, the deployed landing-gear
are shown with solid lines and the retracted gear are shown with split lines, also called construction lines.
Table 23 summarizes the landing-gear and tire design choices.

Figure 87. Side view of landing-gear

Figure 88. Back view of nose landing-gear
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Figure 89. Back view of main landing-gear

Table 23. Landing-Gear parameters

Parameter Units Nose Gear Main Gear
Maximum Load, P N(lbs) 7,710(1,730) 21,310(4,780)
Pn/Wro - 0.15 ---
Pmns/WTo --- --- 0.85
Number of Struts 1 2
Strut Length m(ft) 1.35(4.43) 1.35(4.43)
Strut Diameter cm(in) >3.2(81.3) >6.6(2.6)
Tire Type - VII Vil
Tire Diameter cm(in) 43.2(17.0) 59.2(23.3)
Tire Width cm(in) 11.2(4.41) 16.5(6.50)

8.3 Discussion and Conclusion

Through the iteration of determining the landing-gear and the component positions, the landing-gear
meets the criterion as discussed in [19], [26]. Since the weight and balance was completed during the
landing-gear design process, there are no significant changes from the initial W&B and the final proposed
configuration. Based on the loading and unloading scenarios, the change in the cg location is manageable.
Based on Figure 89, the spacing between the intake duct and exterior wall of the fuselage is very tight. In
future iterations of the design, landing-gear fairings would be included to better accommodate the space
required.

The strut sizing completed in this section is a first iteration sizing which estimated the length based on
landing-gear criterion and strut diameter based on statistical data. Proper sizing of the strut requires a more
in-depth structural analysis. The tire sizing was based on comparable aircraft with similar maximum loading
ratios. The W&B completed only reflects the distribution of weight groups. The analysis completed does
not reflect the stability and control of the aircraft in flight.
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9. Longitudinal and Directional Stability and Control

The analysis of the longitudinal and directional stability and control (S&C) is to determine if the
proposed design has satisfactory inherent S&C. If a design cannot meet such requirements, then a redesign
of some aspect must be completed. De facto stability is a design compensation of poor stability with an
augment control system. Though computing technology today allows designers to create augmented control
systems, which can correct for subpar stability, inherent stability helps to simplify designs and reduce costs.
The longitudinal and directional stability is related to the pitch and yaw axis of the aircraft, respectfully.

9.1 Static Longitudinal Stability

The longitudinal stability of an aircraft is related to the static margin (SM). The static margin of an
aircraft is the non-dimensional distance, with respect to the mean aerodynamic chord, between the aircraft’s
aerodynamic center (ac) and center of gravity (cg), or the negative change in the moment coefficient with
respect to the change in the lift coefficient. The static margin of an aircraft is expressed by equation (9.1)
[19].

GCMA/C
SM =ZXcp/c —¥gajc =~ aC

(9.1)

La/c

Large transport and general aviation aircraft tend to have a static margin of about 10%. More
maneuverable aircraft tend to have a static margin less than 5%, and sometimes negative which must be
augment by a control law system. The AMT’s static margin is Selected to be 5%. Therefore, the
configuration must be checked that this is satisfied or close enough not to warrant a redesign.

From weight and balance, the approximate cg of the aircraft is known. The ac of the aircraft is calculated
with equation (9.2) [19]. The aircraft ac is a sum of the contributing aerodynamic surfaces about the pitch
axis. The contributions to an aircraft’s ac are the fuselage, wing, tail, and canard, if applicable. The AMT
is a conventional trainer/fighter configuration, so the ac of the aircraft will depend on the fuselage, wing,
and tail. Therefore, equation (9.3) will be used for the AMT.

, Cradey 510, de. Sy +
] Cw T=dads F ¢, TFgadsy
P P Y o
Ci, da” S C, da” S
_ CLah dsn Sh B
Xc f+'c—(1_—dﬁ)-s—'§c h
— —_ W L(XWf 93)
¥ pc T o ©.

«de S h
1+—"=CL Wf(l — 4 ¢
¥c.¢ 1S the non-dimensional location of the wing and fuselage ac, which is estimated with equation (9.4).
All nondimensional x values are taken from the reference point described in chapter 8, with respect to the

wing’s mean aerodynamic chord.

Fowr = ou T B¥cr (9.4)

The proceeding discussion will be to define the other variables and the calculated values for the AMT.
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9.1.1 Determination of Wing-Fuselage Aerodynamic Center with Monk’s Method

The change in ac due to the fuselage is approximated using from equation (9.5). oM/da is approximated
using Monk’s Method [24], with equation (9.6). Combing equations (9.5) and (9.6) results in equation (9.7).

oM /0
BY, =— ————
Fer qseC (9.9)
_ i=13
oM qCp,, 5 2(58) A
90 292 ° 1W‘ o, 0 (9.6)
i=
i=13
X 1 ) Je A
o 77 gog s> Wi (G A 9.7)

1=

The shift in the aircraft’s ac due to the fuselage is a result of the upwash ahead of the wing and the down
wash behind the wing. This assumes the horizontal stabilizer has a negligible effect to the airflow based on
the scale of the wing’s contribution.

The geometric relationships in equation (9.7) are determined using Figure 90. Figure 91 is used to
approximate the downwash gradient of the forward fuselage sections. Curve (1) is used for panels 1-4 and
curve (2) is used for panel 5. Equation (9.8) is used to approximate the downwash gradient for the aft wing
sections. For ease of calculation, (1-0s/6a) in equation (9.8) can be approximated with a value of 0.6 to
0.7 [19]. 0.65 will be used for the calculation.

Je Xj de Xi
=11 - =~ __0.65
(aa)i X ( 60() X (9.8)
wled
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Figure 90. Parameter definitions for Monk’s method [24]
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Figure 91. Effect of fuselage (or nacelle) segment location on upwash gradient [24]
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Figure 92. Layout of AMT’s fuselage for Monk’s method
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A%, is determined to be -0.264m using the dimensional callouts in Figure 92. x,  is calculated with

equation (9.9). The parameter n4 is defined in Figure 93, and is calculated with the equation (9.10) for a
swept straight tapered wing. Based on the wing geometry determined in chapter six, the location along the
wing span of the mean aerodynamic chord is determined with equation (9.11).

Xacw = XLEr + Ny

ref (99)
=¢4+ y'(t.;an(ALE) (910)
Vo= b(cr __9
¢ (=N (9.11)
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Figure 93. Wing parameter relations [26]

Using the Solidworks CAD model, the wing’s leading-edge root distance from the reference point is
11.3m. Adding the wing’s ns, and non-dimensionalizing results in %, = 6.0m. The resulting
nondimensional ac of the wing and fuselage combined is7x. . = 5.74. The remaining variables to
determine are the lift-curve slopes of the wing and the horizontal, and the downwash gradient.

9.1.2 Wing and Horizontal Lift-Curve Slopes

The lift-curve slope of a wing, in units of 1/rad, can be approximated from thin airfoil theory and
geometry using equation (9.12) [22]. Equation (9.12) applies to straight tapered wings with quarter-chord
sweep of less than 35°. The variable (3 is calculated with equations (9.13) [22] for subsonic flight.

. 2m- AR
Le =
2
2+V4+ (AR-B)2(1 +tan—m§M (9.12)
B=V1-M?2 (9.13)

The wing’s lift-curve slope for a range of subsonic Mach numbers is shown in Figure 94 and tabulated
in Table 24. This trend has been verified by experiments in [27]. The lift-curve slope for the horizontal is
determined with the same method and is tabulated in Table 24
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Figure 94. Change in wing and horizontal lift-curve slope due to Mach number

Table 24. Values of wing and horizontal lift-curve slopes for Mach number correction

Mach # Cy,, (1/rad) Ci, h(1/rad)
0.1 3.907 3.084
0.2 3.937 3.100
0.3 3.990 3.129
0.4 4.068 3.171
0.5 4.176 3.227
0.6 4.323 3.301
0.7 4.521 3.397
0.8 4.793 3.521

9.1.3 Downwash Gradient at Horizontal Stabilizer

The final variable to define is the downwash gradient. The downwash gradient on the horizontal
stabilizer is determined using equation (9.14) [24].

e 119 (Cp, )

— =444 [{Kar- Ka- Kh\/COS(Ac/4)} ]~ oM 914

Z €. G149
o @M=0

The K coefficients are calculated with the equations (9.15) through (9.17) [24]. Kar, K3, and K, are found
to be 0.139, 1.32, and 1.03, respectfully.

1 1
Kpg= ——
ART AR TF+ARY (9.15)
10 — 3A
Kp=— (9.16)
(Zh)from Wroot LE
- ——p——
Kp = 13
g(xh) from WQLA) (9'17)
b
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Using the range of CL,, from Table 24, which correlate to Mach number, the downwash gradient on the

horizontal stabilizer is plot versus Mach number. The results obtained from equation (9.14) are shown in
Figure 95.
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Figure 95. Change in tail downwash due to Mach number

9.14 Static Margin

All the variables are known that are required to solve equations (9.1) and (9.2). Based on the current
configuration, and the results of Figure 94 and Figure 95, the static margin for the subsonic flight regime is
shown in Figure 96 for three weight configurations. The change in cg used for the calculation is based on
fuel used, which assumes the same point location for the fuel as determined in the weight and balance
chapter.

Take-off 50% Fuel Zero Fuel

12%

4%

8% ————

0%

Static Margin

-4%

-8%
0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0
Mach #

Figure 96. Effect of Mach number on static margin

The decrease in static margin can be attributed to the forward shift in the aerodynamic center of the
lifting surfaces as the flight speed increases [27]. The calculation done with equation (9.1) does not account
for the shift in the lifting surfaces’ aerodynamic centers. The decrease in the static margin can be attributed
to the ratio of the lift-curve slopes decreasing with Mach number. In a produced aircraft, there would be a
subsystem which would pump fuel around to maintain an acceptable SM. Based on the results, the AMT
has sufficient SM at this point in the design process.

9.15 Longitudinal X-plot

The purpose of an X-plot is to vary the horizontal stabilizers moment arm or horizontal area to move
the aircraft’s ac forward or aft to obtain an acceptable static margin for longitudinal stability. Since the
lifting surfaces are aerodynamic, any adjustment should result in a greater change of aircraft ac than cg.
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9.15.1 X-plot by Horizontal Moment Arm

For this analysis, the conditions found in the previous section for M = 0.6 are used. Table 25 lists the
incremental change used for each configuration. The lift-curve slopes and downwash used for the analysis
correspond to M = 0.6 listed in Table 24 and Figure 95. For each change in the horizontal position, the
aircraft cg must be recalculated to account for the adjustment. The calculation for the aircraft ac follows the
same method used in section 9.1.4. The resulting X-plot is shown in Figure 97

Table 25. Incremental change in horizontal position for X-plot

TO 50% Fuel 0% Fuel
AXac, (m) -0.2 0.3 0.8
6.20 .
6.18 e I
616 TO-acA/C
6.14 B AEL & i TO-cgA/C
R P Lk - SM=3.5%
_ : SM=5% 50%F - ac A/C
Xaewre 610
’_{ngc 6.08 / —- = = 50%F-cgA/C
cos AL F=ATTHI L] 0%F - acA/C
SM=59
6.04 % 0%F - cg A/C
6.02 —— |

6.00
-1.2 -06 0.0 0.6 1.2 1.8 24 30 36 42 48

Ax Horizontal

Figure 97. X-plot for change in horizontal position

9.1.5.2 X-plot by Horizontal Area

Varying the horizontal area will also change the aircraft’s overall cg. To approximate the change in
weight, the horizontal’s area is assumed to be proportional to the horizontal’s weight. Based on this
assumption, the weight of the tail can be corrected for change in horizontal area with equation (9.18).

w=Chw
h (§3 h (9.18)

The tilde in equation (9.18) is used to indicate the reference base value used for the initial weight and
horizontal area. The'x., . and¥g,, Iis calculated with the same method as before. The result of the X-

plot for a AS; is shown in Figure 98.

Table 26. Incremental change in horizontal area for X-plot
TO 50% Fuel 0% Fuel
ASy, (m?) -0.15 0.2 0.5
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Figure 98. X-plot for change in horizontal area

9.2 Static Directional Stability

The directional stability of an aircraft is determined by the change in the yawing moment coefficient
with respect to sideslip angle. This is calculated with equation (9.19) [19]. Since the AMT has two vertical
fins, the total fin area will be used in equation (9.19). Also, since the vertical fins have dihedral, the
projected area on the aircraft XZ-plane must be determined. The corrected equation is (9.20).

SV XV
CnB = Cngwf + CLO(v (E) (F) (9.19)
Sv,tot ) Sin(rv)xv
Chg =Crg +C,, O D) (9.20)

9.2.1 Fuselage Contribution to the Yawing Moment Coefficient due to Sideslip

The analysis completed for the empennage sizing has resulted in all the necessary geometry. The only
term that must be determined is the contributions of the wing-fuselage combination, C,, . For preliminary
design purposes, CnBWis very small and can be considered zero [24], unless the directional stability is being
analyzed at high angles of attack, which is not the case. Therefore, C, o fis only depend on the fuselage

contributions which is calculated with equation (9.21) based on empirical data [24].

Sg, " If
Canz —573KN . KRl ( w (921)

Kn is determined using Figure 99. Kg, is a correction factor due to Reynold’s number which is
determined using Figure 100. The read arrows in Figure 99 indicate the path taken to determine Kn. Figure
99 also provides the geometry relations to be used in determining K. Canwas found to be -0.218.

Table 27. Aircraft parameters for fuselage yawing-moment coefficient due to sideslip
Sg,(m) l(m) hi(m) ha(m) w(m) Xm(m)
17.70 13.80 1.72 1.27 2.24 8.06

80



Sg = Body side area
1 ]

we = Maximum body width
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Figure 99. Wing-fuselage interference with directional stability [19]
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Figure 100. Fuselage Reynolds number versus Kr: reproduced from [29]
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9.2.2 Vertical Fin Lift-Curve Slope

The only parameter not known in equation (9.19) is Cr,, - Similar for the wing and horizontal, the lift-

curve slope of the vertical fin is determined from equation (9.12). Figure 101 shows the Mach number and
geometry effects for the vertical fins lift-curve slopes.
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Mach #

Figure 101. Mach number effect on vertical fin lift-curve slope

9.2.3 Directional X-plot

For inherent directional stability, Cy,; should be 0.001/deg [19]. The evaluation of equation (9.20) for

varied Mach numbers leads to Figure 102, which shows the AMT in inherently unstable. In such cases, the
vertical tail area or moment arm could be increased to regain inherent directional stability. In varying these
two variables, the requirement to obtain inherent stability would require a total tail area increase of 150%
and an increase in the moment arm by 30%. Since the AMT is a modern fighter which will have a feedback
control system, de facto stability will be employed.

0.0000
-0.0005
Cus  -0.0010
{1/deg) -0.0015 e
-0.0020
0 0.10.20.30.40.50.6 0.7 0.8 0.9 1
Mach #

Figure 102. Mach effect on change in yawing moment wrt sideslip angle

9.2.4 Sideslip to Rudder Feedback Gain

For de facto directional stability, the sideslip to rudder feedback gain must be satisfied by equation
(9.22) [19]. The rudder control yaw moment derivative is calculated with equation (9.23) [28]. The term
N, is the ratio of the vertical’s dynamic pressure to freestream. The term t, is the lift-curve slope corrective
factor for deflected control surfaces and is approximated using Figure 103.

0.001 — C“B deg

acy,
Cn6r = _n\:& 96T = _n\:yCLaVT (923)
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Figure 103. Control surface effectiveness parameter T reproduced from [28]

The dynamic pressure ratio for the vertical tail is assumed to be one for simplicity of calculation. The
tail volume coefficient was previously determined in the empennage sizing. The control surface area to
lifting surface area for the AMT is about 35% therefore 7y is taken as 0.57 from Figure 103. Equation (9.22)
is solved for the 50% fuel configuration, the resulting sideslip to rudder feedback gain is shown in Figure
104.

1.70
1.60

B 1.50
(dig) 1.40
deg
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Mach #

Figure 104. Mach number effect on Kp

The AMT is a single engine aircraft so, there is no requirement for engine out minimal speed or directional
control. Based on the calculations, there is no need for any redesign because the AMT has sufficient
directional control by meeting the sideslip feedback gain criteria of Kg less than 5deg/deg.

9.3 Discussion and Conclusion

The longitudinal stability has an acceptable SM for the current configuration of around 5%. The SM
was evaluated for three values of fuel capacity: full, 50%, and 0%. Modern aircraft utilize fuel location
management systems which would help to limit the movement in aircraft cg due to fuel burn. Corrective
methods were completed with adjustments in horizontal moment arm and horizontal area to show how to
correct a configuration for inefficient SM.

The directional stability showed inefficient sideslip control without control surface feedback. Though
not shown, performing vertical tail moment arm or area adjustments resulted in too large a configuration
change. To obtain inherent directional stability, the product of the vertical moment arm and area would
have to be 2.0-2.5 times greater than the current configuration. Since modern aircraft utilize feedback
control systems, de facto stability criteria was followed. The current configuration resulted in acceptable
sideslip to rudder feedback gain.
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10. Refined Drag Polars

The purpose of this chapter is to establish a better approximation for the AMT’s drag polars than
previously determined in the performance sizing chapter. The drag polar is a visual representation of the
lift to drag relationship. The analysis will cover airplane zero-lift, zero-lift drag increments due to HLD and
landing-gear, and compressibility drag. The compressibility drag approximation methods requiring the
application of the area rule.

10.1 Airplane Zero-Lift Drag

The aircraft zero-lift drag is determined by computing the wetted area of all the components [19]. The
following equations are used to estimate the wetted area of components. The figures below each set of
equation define how the variables not previously defined should be measured.

Planforms (wing, tail, canard, fin, and pylon)

0.25(t/c)(1 + tA)

Swetp]f =2 Sexposedpif {1 + 142 } (10.2)
(t/c)
T= - A=ci/cr
(t/O)¢
Cylindrical Fuselage
| 2 2/3 1
Swet, =10+ D¢+ I (1 —ﬁf 1+ X'{) (10.2)
Streamlined Fuselage
S =m-D-1(0.5+0.135( /13 (1.015 + )
wetf f f n 7\1}-5 (10.3)
As = l¢/ D¢
= e —
P@ — e
PutcDs kl"_-‘ 4
Dg= EaunvALE;? DIAMETER £ I

Figure 105. Definition of fuselage variables [19]

Fan Cowl
Swer = 1o Duf2 40351 (4 081 ¢ 20 L 1 1511 — ely] (8
wetgpy — N n{ ' (H ' ( 1nDn) ' [ ?n)] (E_ (104)
Gas Generator
5/3
s  =m-l-Da-lp->P*n-018(%H0
wetgg g g 3 D 1 (105)
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Figure 106. Nacelle geometry [19]

The total wetted area of the aircraft is the sum of the components minus the intersection area of the
components. In the case of the AMT, the wetted area is determined from the Solidworks CAD model. Using
Solidworks mass properties, the exposed, or wetted, surface area of the aircraft is found to be 173.8m?
(1,870ft?). Using Figure 107, the equivalent parasite area (f) is determined by how streamlined the aircraft
is and the aircraft wetted area. Figure 107 is based off historical data and is recreated for simpler
interpretation. The horizontal line in Figure 107 is selected based on the grouping of similar class of aircraft
in the original figure. The equivalent parasite area is 0.418m? (4.5ft?).
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Figure 107. Effect of equivalent skin friction on wetted and parasite area reproduced from [17]

The clean zero-lift drag is calculated by equation (10.7) [17].

Cp,= /S (10.7)
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Based on the wing area determined in performance sizing, 18.44m?, the clean Cyis calculated to be 0.023.

10.2 Low Speed Drag Increments
10.2.1 High-lift Devices Drag Increment
10.2.1.1 Trailing-edge Flaps

The incremental drag increase due to flaps is calculated with equation (10.8), which is a combination
of profile drag and lift induced drag. The equation assumes only low speed flight where the HLDs are used.
The profile drag is determined with equation (10.9) [24]. The term ACd is the incremental drag

c 4-—0
increase of the 2D profile and is determined using Figure 108, for plain flaps The incremental induced drag

for a flap is calculated with equation (10.10). The factor K in equation (10.10) is determined with Figure
109, for interrupted flaps.

ALDflap = ALmef + ﬂLDi

flap flap (108)
AC AC (A )k
D = d Cos 4
profﬂap pAc/4-_ C/ (109)
2
ACDiﬂap = (K- ACy,,) cos(Ac/a) (10.10)
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Figure 108. Plain flap profile drag increase [29]
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From the wing design chapter, the trailing-edge flaps have a length of 20% chord. With a 20° deflection,
ACq is found to be 0.02 from Figure 108. The quarter-chord sweep angle is 30.1° and the wing-to-

PAC/4_=0

flap area ratio is 0.537. The resulting profile drag increase is 0.0093.

The K value determined from Figure 109 is about 0.21. The change in wing lift due to deflected trailing-
edge flaps is determined to be 0.387 from section 6.5. The resulting induced drag of the trailing-edge flaps
is 0.070.

10.2.1.2 Leading-edge Flaps

Based on the current references used, there is no simplified method to calculate plain leading-edge flap
incremental drag increases.

10.2.1.3 Resulting High-lift Devices’ Incremental Drag Increase

Using equation (10.8), the resulting drag increase due to deployed trailing-edge flaps is 0.079. The drag
increase due to deployed HLD range from 0.055 — 0.075 [17]. The calculation performed for the trailing-
edge plain flap may indicate a conservative estimation. The value obtained for the trailing-edge flaps will
be assumed the total incremental drag increase for the HLDs.

10.2.2 Deployed Landing-Gear Drag

The AMT’s landing-gear is retractable and does not feature any streamlining of the struts or wheels.
The zero-lift drag can be estimated between 0.015 and 0.025 [17]. A more in-depth approach for calculating
the additional drag due to deployed landing-gear is provided in [24] but upon exploring the method, some
calculated parameters fell outside the limits of the statistical plots provided. As a result, the simpler method
is employed by assuming a value based on historical data [19], which estimates ACp_ge.r between 0.015

and 0.025. Due to non-streamlining of the struts and wheels, the AMT will use ACp_ gear = 0.025.

10.3 Compressibility Drag

The Class | method for transonic compressibility drag [19], rely on statistical data as presented in Figure
110. Due to the complexity of compressibility drag, more accurate methods require experimental testing or
CFD analysis. The advanced trainer/fighter class of aircraft have negligible compressibility drag effects in
the subsonic regime 0.6<M<0.8. Since the subsonic cruise Mach number is about 0.7, the AMT’s subsonic
cruise compressibility drag will be considered zero.
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Figure 110. Zero-lift drag rise versus Mach number for various aircraft [19]

10.3.1 Supersonic Contributions

The three following sections of 10.3.1 outlines the theory used to approximate wave drag components
in equation (10.11). The critical components of the AMT are the wing, fuselage, and empennage surfaces.
The theory used is only applicable when correct “area ruling” is applied. The theories are taken from [24].

Cp,,, + Cp,, + by, + Coy, + Coy, + Coy

Dsuper — o

(10.11)

10.3.1.1 Wing Contributions

The wing’s zero-lift is a function of skin friction drag and wave drag, and is calculated with equation
(10.12). The skin friction component is calculated with equation (10.13). The skin friction coefficient is
found from Figure 111 based on the mean chord’s Reynolds number.

CDow = Cwa + CDwavew (1012)
Swet:
(10.13)
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Figure 111. Reynolds number effect on turbulent mean skin-friction coefficient [24] taken from [29]
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The wing’s wave drag component is calculated with equation (10.14) or (10.15) depending on weather
the wing’s leading-edge is supersonic or subsonic, as defined by Figure 112. The basic wing (bw) variables
are defined in Figure 113. The leading-edge drag coefficient is determined from Figure 114. The effective
thickness ratio is calculated with equation (10.16).

Supersonic Leading-Edge

16{t/cer}? S
Co —Cp + eff. (bw) (1014)
waveyy, LE 3W2j S
Subsonic Leading-Edge
C =C +16{t/ Y2cot(A Sbw
Dwavew = DLE ? Cetet?cot( LEbW) (?) (10.15)
VI e e, oy
t/Cor = (10.16)

\% Sbw/2

¢ ¢ S S+ S
Figure 113. Definition of basic wing [24]
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Figure 114. Leading-edge pressure drag [29]

The lift induced drag of the wing is calculated with equation (10.17). The term Cp /C2 is found with
L L

the following process:

1
2.
3.
4

Calculate equation (10.18)

Calculate (p) with equation (10.19)

Use Figure 115 to find the curly bracket term in equation (10.20)
Solve equation (10.20) with the appropriate terms.

D, 2
Co,, = (C2) CL 10.17
Lw CE ( )

b-B_bvMZ—1
2, 2 (10.18)

90



S

p =
b-c, (10.19)
Cp Cp,, Db 1+p
DmmarC
L ¢z p+l’ pw (10.20)
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Figure 115. Supersonic drag due to lift for straight tapered wings [29]

10.3.1.2 Fuselage Contributions

The fuselage zero-lift drag is estimated with equation (10.21). The skin-friction coefficient is estimated
from Figure 111. The fuselage areas (Ssubscript) are defined in Figure 116. The drag coefficients Cp,, , and

Cp, are estimated using Figure 117. The inference drag Coanoy is estimated from Figure 118. The fuselage

base drag is estimated with Figure 119. These approximations assume the cross-sectional area distribution
is smooth. This is verified in section 10.3.2.

bwetfus 5qu

S, + CDN2 + CDA + CDA(NC) + CDb fus} S

us

(10.21)

CD = {Cffus

Ofu
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The lift induced drag of the fuselage is estimated with equation (10.22). The parameter F is 1.0 for
circular cross-sections. For elliptical cross-sections, equation (10.23) is used. Where a is the major axis and
b is the minor axis. The cross flow drag coefficient is estimated from Figure 120

Dbfus Dplffus
Cb =F{2un +cq S |a]3} (10.22)
Leus ¢
a b
F= _cos?2(w) + _sin?(w) (10.23)
b a
2.0 —— 1T — =TT
[ [ [ 1] 1
| H‘ = Misna |
1.5
/7 \_| 3]
16 -1- Y\ |
, TR
1.4 e N
I O .
1.2 =
l'0‘0' 2 4 6 8 10 .8 6 | 4 2 -o
M, —";

Figure 120. Steady-state cross flow drag coefficient [29]

10.3.1.3 Empennage Contributions

The empennage drag is a sum of each surface and is estimated with equation (10.24). The zero-lift drag
of each empennage surface is estimated with equation (10.25). The friction coefficient for each surface is
approximated from Figure 111. The wave drag components follow the same method used for the wing using
equations (10.14) through (10.16).

Coepp =22 {(Cp,, )+ (Cp )} (10.24)
i emp i emp i
) T
( Doemp)i - ( femp I—S_ Dempwave (1025)

The lift induced drag is estimated using equation (10.26). This is the same method used for the wing,
which uses equations (10.17) through (10.20)

Lp,
(Cop,,,) = 2D (Ciemp) (10.26)

! L empj !
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10.3.2 Area Ruling

The “area rule” is credited to R.T. Whitcomb during the 1950s for the purpose of understanding and
reducing wave drag in the transonic flow regimes. Whitcomb’s experiments showed that compressibility
drag increases when an aircraft’s cross-sectional area distribution is not smooth, and the wave drag of an
aircraft is comparable to a body of revolution with the same cross-sectional area distribution [24]. Otto
Frenzl, in Germany, and Wallace Hayes, in The United States, were also discovering the same area rule
methodology around the time of Whitcomb.

Further research was performed to expand the area ruling to the supersonic flow regime. The supersonic
area rule requires determining the aircraft cross-sectional area with respect to the intersection of the Mach
cone [30]. The method explains that if the area distribution normal to the flow is known then the area of the
Mach cone intersection can be expressed by equation (10.27). the Mach line angle (u) is defined by equation
(10.28).

Dl’lOI‘l’l’l

St = Sin(w) (10.27)
1

W = arcsin (M} (10.28)

The cross-sectional area of the AMT is determined from the Solidworks CAD model. A feature in
Solidworks allows for cutting the model, then using the measure feature (in evaluate tab) to determine the
area. In some cases, this does not work because the section cut reveals geometry that is “not really there.”
In these cases, the section properties are used and is found on the same evaluate ribbon. The section cuts
can be seen between Figure 121 and Figure 122.

Area: 0.864m"2

Perimeter:| 3.401m

Figure 122. Solidworks cut view and measure feature

Cuts are made along the AMT in increments of 0.5m with the exception of specific intersection points along
the fuselage: canopy, engine inlets, wing, horizontal stabilizer, and vertical fin. In these cases, the specific
starting and end points are used as the section cut. In cases where components overlap, each part’s “cut”
area is determined and the overlapping area is subtracted from the summation of the components’ areas.

This can be seen in Figure 123. The AMT’s cross-sectional area distribution is shown in Figure 124
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lFuselage and wing intersection

Figure 123. AMT, cut at wing-fuselage intersection
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Based on the area distribution in Figure 124, there is some non-smoothness that needs to be correct.

The arearule is applied for the Sears-Haack body [24], [31]. A type-I Sears-Haack body radius is calculated
with equation (10.29).

r(X)S—H = I'max{4‘ x(1 - X)}0'75 (1029)
The comparison of a type-1 Sears-Haack Body is made with the AMT’s non-dimensional values shown in
Figure 125. Applying the area rule, the fuselage’s cross-sectional area needs to be reduced around the

canopy, wing tip, and the empennage. The cross-sectional area needs to be increased at the wing’s leading-
edge root and between the wing trailing-edge and vertical stabilizers.

In Solidworks, the different lofts and guide curves are adjusted to correct for the non-smoothness area
distribution. The area ruled AMT’s non-dimensional values can be seen with the red curve in Figure 125.
Applying equation (10.28), the area distributions for M = 1.25 and M = 1.5 are obtained as shown in Figure

126. The resulting equivalent body of revolutions’ thickness-to-length ratio for the three conditions is listed
in Table 28.
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Table 28. AMT’s equivalent bodies of revolution thickness ratio for Mach condition
M=1.0 M=1.25 M=15

dmax/L 0.118 0.132 0.145

10.4 AMT Drag Polars
10.4.1 Clean

The clean zero-lift drag was determined to be 0.023. The Oswald efficiency factor was approximated
as 0.8 previously for the performance sizing and the aspect ratio is 5.0. The resulting drag polar equation
for the clean configuration is equation (10.30).

— 2
Cp=0.023 + 0.0796C2 (10.30)

10.4.2 Takeoff and Landing

The takeoff and landing configuration introduces additional drag as a result of deployed flaps and
landing-gear. With deployed flaps, the zero-lift drag increase was determined as 0.079 in 10.2.1. The
deployed flaps also reduce the Oswald efficiency and the reduction can be 5.0-10.0% [17]. From the clean
value of 0.8, e will assume to be 0.73 for the takeoff and landing configuration. From section 10.2.2, the
landing-gear contribution to the zero-lift drag was determined to be 0.025. The resulting drag polar equation
is (10.31).

_ 2
Cp=10.127 4+ 0.0872C g (10.31)

10.4.3 Supersonic
10.4.3.1 Wing Contributions

Following the procedure outlined in 10.3.1.1, the wing’s supersonic zero-lift drag is determined to be
0.0607 and 0.0624 for M = 1.25 and M = 1.5, respectfully. The lift induced drag coefficient is determined
to be 0.220 and 0.308 for M = 1.25 and M = 1.5, respectfully. The resulting drag polar equations for M =
1.25 and M = 1.50 are (10.35) and (10.36).

M=1.25

Cp =0.0607 + 0.220C?
Pw L (10.32)

M =1.50

Cp =0.0624 + 0.308C?
Pw L (10.33)

10.4.3.2 Fuselage Contributions

Following the procedure outlined in 10.3.1.2, the fuselage’s supersonic zero-lift drag is determined to
be 0.0831 and 0.0658 for M = 1.25 and M = 1.5, respectfully. Equation (10.22) is used for the fuselage’s
contribution to lift induced drag. Since the drag polar equations are function of Cy, the supersonic flatplate
C. equation will be used to approximate a in equation (10.22), by equation (10.34). This relation is only
valid for small angles of attack, less than 13°. This correlate to a max C. of 0.8 with equation (10.34). The
resulting fuselage contributions of the drag polar equations are (10.35) and (10.36).

CL = o - o= ;E \/WTI__

V=T (10.34)
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M=1.25
Cp ~=0.0831+0.0024C2 + 0.012C3

fus

(10.35)

M =150
Cp =0.0658+ 0.0064C2 + 0.045C3L

fus

(10.36)

10.4.3.3 Horizontal Stabilizer Contributions

Following the procedure outlined in 10.3.1.3, the horizontal’s supersonic zero-lift drag is determined
to be 0.0846 and 0.0858 for M = 1.25 and M = 1.5, respectfully. The lift induced drag coefficients are
calculated to be 0.239 and 0.343 for M = 1.25 and M = 1.5, respectfully. The resulting horizontal
contributions of the drag polar equations are

M=1.25

CDh = 0.0846 + 0.239C2 (10.37)

M= 1.50

Cp, =0.0858 +0.343C2 (10.38)

10.4.3.4 Vertical Fins Contributions

Following the procedure outlined in 10.3.1.3, the horizontal’s supersonic zero-lift drag is determined
to be 0.0707 and 0.0717 for M = 1.25 and M = 1.5, respectfully. The vertical fins are assumed to not have
any lift induced drag contributions due to their orientation.

M=1.25

M =1.50

10.4.3.5 Supersonic Drag Polar Equation
Combining the drag polar equations obtained between sections 10.4.3.1-10.4.3.4 results in the aircraft
drag polar equations (10.41) and (10.42).

M=1.25

Cp = 0.299 + 0.462Cf + 0.0121Ci (10.41)
M =1.50

Cp = 0.286 + 0.657Cf + 0.0452Ci (10.42)

10.4.4 Drag Polars

Figure 127 is the resulting drag polars for the clean, takeoff and landing, M = 1.25, and M = 1.50 as
determined from equations (10.30), (10.31), (10.41), and (10.42).
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Figure 127. AMT drag polars

10.5 Discussion and Conclusion

The clean subsonic drag polar should be a reasonable approximation. The zero-lift skin friction drag
calculated should be a reasonable value due to the surface area of the AMT was determined using a 3D
CAD model, and the method used is based on statistical data. Due to the assumption for landing-gear drag,
a more accurate method must be researched to determine a more realistic value for the drag increase due to
landing-gear deployment. The large increase in drag due to deployed HLD was expected and can be
attributed to the additional vortices created by the break in the trailing-edge of the wing. This would create
eight additional vortices, four on the wing’s trailing-edge where the flap is deflected down and four at the
flap’s trailing-edge. To obtain more accurate approximations, computer simulations or wind tunnel testing
would be required.

The initial geometry resulted in a non-smooth cross-sectional area distribution, and therefore area ruling
was applied to the AMT. After many small adjustments and iterations, the cross-sectional area distribution
now resembles a Type-1 Sears-Haack body. This is necessary because the supersonic drag equations assume
the body of interest has an equivalent body of revolution with a smooth cross-sectional area distribution.
As experiments by Whitcomb showed equivalent bodies of revolution had similar drag coefficients as an
area ruled wing-body model.

The skin friction approximations, for supersonic drag of the major aircraft components, are considered
over approximations because the skin friction coefficients used are for turbulent boundary layers. The
theory used for the supersonic drag approximations are a result of extensive research and testing for the
USAF [29]. The lower zero-lift drag obtain under M =1.5 conditions, in comparison to M = 1.25, is
expected. This is because as the Mach number increases from sonic conditions, the drag coefficient tends
to decrease as a result of fewer unstable shocks around the body and high dynamic pressure. As discussed
with the subsonic polars, computer simulations or wind tunnel testing would be required to obtain better
approximations.
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11. V-n Diagram

V-n diagrams are used to describe the flight envelop and provide design load limits with corresponding
speeds. Based on the V-n plots, flight load limits can be quickly determined based on speed or design
restrictions. Load limits are generally specific to the type of aircraft. For an advanced trainer there are four
primary speeds to determine and their corresponding load limit: stall, maneuvering, maximum level flight,
and dive speed.

11.1 Load Limits

For military trainers, [32] lists the positive load limit as 7.5g up to the dive limit speed, the negative
load limit as -3.0g up to maximum level speed, and -1.0g at the dive limit speed.
11.2 Stall Speed

The stall speed of an aircraft is calculated with equation (11.1) [21]. Where the maximum load force
coefficient is calculated with equation (11.2) [21].

Ve v 2OV75)
o=
b Cn (11.1)
Cy =+C +C2
Nwe = Ve Decy,, (11.2)

The maximum load force coefficient with deployed HLD is 1.47 and in the clean configuration is 1.01.
Table 29 lists the stall speeds for the clean and deployed HLD configuration for 3 altitudes.

Table 29. AMT stall speed for given altitudes for clean and HLD configurations
Altitude km(kft)  Clean, m/s (ft/s) HLD, m/s (ft/s)

0.0(0.0) 65.6(215) 54.4(178)
2.5(8.2) 74.2(243) 61.5(202)
5.0(16.4) 84.6(277) 70.1(230)

11.3 Design Maneuvering Speed

The design maneuvering speed must satisfy equation (11.3). Using the stall speeds in Table 29, the
minimum maneuvering speeds for positive and negative g-loads are shown in Table 31.

(11.3)
Table 30. AMT minimum maneuver speed for given altitudes for clean and HLD configurations
Altitude km(kft) Positive g-load Negative g-load
Clean, m/s (ft/s) HLD, m/s (ft/s) Clean, m/s (ft/s) HLD, m/s (ft/s)
0.0(0.0) 180(589) 149(488) 114(373) 94.1(309)
2.5(8.2) 203(666) 168(553) 129(422) 107(349)
5.0(16.4) 232(760) 192(630) 147(480) 121(398)
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11.4 Maximum Level Flight Speed

The maximum level flight speed is defined as the maximum speed attainable (V) in basic level flight,
while using the maximum available thrust with afterburners or augment thrust device [33]. Therefore, the
maximum speed can be derived from thrust is equal to drag. Given that the thrust is also a function of
altitude, a relation for the change in thrust must be derived. Equation (11.4) is the general thrust equation
for a jet engine [34].

Fr=(m,+mpVe—mi,- Voo + (Pe— PA. (11.4)

Where the subscripts of the mass flow rates are the air (0) and fuel (f). The velocities are the exit velocity
of the jet engine and the freestream velocity. For the most efficient thrust, the jet exhaust would be perfectly
expanded so the exit pressure is equal to the atmosphere pressure. The thrust equation can be rewritten in
terms of only the freestream and exit velocities, the fuel-to-air mass flow ratio, and the air mass flow rate
by equation (11.5).

Fr =1, [(hg/o + 1)Ve — Vo] (11.5)

Generally, jet engines are rated at sea-level conditions. Therefore, to perform analysis at altitude for a
given engine’s sea-level thrust, the thrust at altitude can be divided by the sea-level thrust, which gives the
following relation.

FTalt_ mi Oalt [(m f/o + 1)Ve - VOO]
FTsea m Osea [(m f/O + 1)Ve - VOO]

Assuming the thrust being compared has the same fuel-to-air mass flow ratio, engine exit velocity, and
freestream velocity, the following relation can be made:

FTalt_ m Oalt __ Palt* Voo A

FTsea mosea Psea” Voo A

t

Therefore, the thrust at altitude can be represented by the sea-level thrust rating and the ratio of the air
densities by equation (11.6)

FTalt = &) FTSea
Psea (11.6)

Now to find the maximum speed the thrust is equal to drag. Using the drag coefficient equations from
section 10.4.3.5, the thrust is equal to drag.

T =D = (Cp + KiC? + K2C3)qo
o L L

Substituting in the relation for C. in terms of wing loading, the above equation is transformed into the
following relation:

2 3

W/S
T={Co, +Ki[—

W/S
] +K; [q_] } Qoo

o] (o0}

The above equation can then be transformed into a cubic relation, equation (11.7), and solved for the
dynamic pressure. The velocity equation can be written as a function of dynamic pressure and density by
equation (11.8).
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0=Cp -a2, —T-q2 +K (W/S)xq  +K(W/S) 1)

200
V= ‘/T (11.8)

A range of altitudes are used from 0 to 10km. Correcting for the change in thrust with equation (11.6)
and substituting in the appropriate variables from the drag polar equations (10.41) and (10.42), equation
(11.7) is solved for the freestream dynamic pressure. The results are shown in Table 31. Solving equation
(11.8) for the dynamic pressure results in the maximum speed in the final row of Table 31. The last two
columns Mach conditions indicate which drag polar is used for the calculation.

Table 31. Dynamic pressure solution to equation (11.7) and Vi
Dynamic Pressure (Pa)
M=1.25 conditions M=1.5 conditions

Altitude (km)  Density (kg/m?3)

0 1.225 264,172 276,165
25 0.9570 206,348 215,708
5.0 0.7364 158,767 165,958
75 0.5572 120,086 125,510
10.0 0.4135 89,065 93,066
Vi, m/s (ft/s) 656(2,150) 671(2,200)

11.5 Dive Limit Speed

The dive speed is defined as the maximum allowable speed while in a dive [33]. [21] This value is
typically 25% greater than the maximum speed, as shown by equation (11.9) [21].

V= 1.25Vy (11.9)
Solving equation (11.9) with the maximum velocity obtained in the previous section results in the dive limit
speed 820 and 839m/s based on the M = 1.25 and M = 1.50 drag polar equations, respectfully.
11.6 V-nPlot

The initial curve from V =0 and n = 0, is calculated with equation (11.10) [32]. Combining the values
obtained in sections 11.2 to 11.5, the resulting V-n plots for the AMT are shown in Figure 128 for the clean
configuration and in Figure 129 for deployed HLD in the low subsonic speed regime.

p.VZ

n= use— CNmax ormin
2(W/S) (11.10)

103



= 5km 2.5km =——0.0km
8.0
7.0 |
6.0 [
. 50 |
L 40 I
£ 30 I
£ 20 |
g 10 |
o IVH V.
0.0
-1.0
20 /
-2.0
I I S NP T TS B SR S S o
S - L L . S 4
Speed (m/s)
Figure 128. AMT clean configuration V-n diagram
———HLD 5km HLD 25km ——HLD 0.0km
|
|
- |
: |
[
g I
3 |
[V
g |
<3 Vi Vi
= |
D D D H H O H L L L L L o
RG-S A - < I - S R O
Speed {m/s)

Figure 129. AMT deployed HLD configuration V-n diagram

11.7 Discussion and Conclusion

From initial performance sizing, the design max speed was M = 1.5 at exercise altitude. Based on the
engine selection, with afterburners the AMT is capable of M = 1.9 to M = 2.1 for the theoretical calculations
performed in 11.4. The engine selected was based on the fact that clean sheet designed engines take many
years to develop and obtain certification. From a design perspective, the options are to invest in a new
purpose-built engine design or rely on what is available in the market today.

For military trainers and fighters, the critical parameters are the max and dive limit speeds. Since these
types of aircraft are design with the intent of high g-loads, wind gust speeds are not critical to determine.
The left sides of the V-n plots are reasonable due to the well-known aerodynamics at low subsonic speeds.
The right-side velocity limits, of max and limit dive speed, are really approximations due to the complexity
of supersonic flows. The actual values would be determined with structural load limits and proper wind
tunnel testing. The real design limit speeds would be determined with prototype testing.
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12. Class Il Weight and Balance

The purpose of this chapter is to develop more accurate weight estimations then previously determined
in Class | W&B. This requires a more detailed breakdown of weight components and layout. Once the
components have been placed, the same method as Class I is used to determine the aircraft cg. The moments
and products of inertia are estimated, and the performance is reevaluated based on the criteria at the end of
section 4.5 with the updated design parameters.

Note for the following calculations, all the weight estimation equations were developed using English
units [21]. Therefore, the SI units of the AMT are converted to English to use the equations and are
converted back after the calculations. The Sl units use sea-level gravity as the reference. The equations used
are for military trainer or fighter class of aircraft [25].

12.1 Known and Previous Weights

The known weights from previous design chapters are listed in Table 32. These include the crew, fuel,
trapped fuel and oil, and the engine. The first three were approximated previously and the engine weight is
given by the manufacture specifications. The other weights that are required is the estimated takeoff and
empty weights. These will be used for the first iteration. Once the weight estimation of the components are
determined, a new takeoff and empty will be used to iterate on the equations that require these parameters.

Table 32. Known and previous weights

Parameter Weight, N(lbs)
Crew (2) 1,780(400)
Fuel 15,390(3,450)
Trapped F&O 211(47.4)
Engine 9,800(2,200)
Wro 50,322(11,290)
We 32,935(7,390)

12.2 Revised Weight Estimates
12.2.1 Structural Weight

The structural weight is a sum of the wing, empennage, fuselage and landing-gear as shown with
equation (12.1). For other aircraft classes, additional component terms may be added as necessary to
equation (12.1).

Wstr = Ww + Wemp + qus + ng (121)

12.2.1.1 Wing

The wing weight is approximated with equation (6.2), which is reproduced below. All the wing’s
geometry is used from wing design chapter 6. The first iteration calculates the wing to 3,970N(890.61bs).

WwW. 2 0.593
Kwn TO 21-2) - )
W =3.08 whye  3{(tan(A ) — ) + 1.0} - 10-] {AR(1 + 1)}08950.741
v . 7 AR(I+) w

12.2.1.2 Empennage

The horizontal and vertical fins weight are approximated with equations (12.2) and (12.3). The 1.1
multiplier in equation (12.2) is to account for variable incidence stabilizer. In cases where the horizontal is
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fixed, the multiplier is 1.0. The velocity dive limit is taken from the previous chapter. The horizontal and
vertical fins’ weight are calculated to be 409N(91.81bs) and 607N(1361bs), respectfully.

SO.Z 'vdL
Wi = 1.15,{3.81 h —0.287) -
1000[cos(Ac/2, )} (12.2)
2.
w, =s (381 SYVAL 287
1000[cos(Ac/z, )}

(12.3)
12.2.1.3 Fuselage

The fuselage weight is approximated with equation (12.4). The term™gq,, is the dynamic pressure dive
limit as determined from the dive limit velocity in the previous chapter. The air density used for the dynamic
pressure is taken at 5.0km. The length and height of the fuselage are taken from the CAD model, as 13.85m
(45.4ft) and 1.70m (5.58ft), respectfully. The 14.51 multiplier in equation (12.4) is a correction factor that
accounts for fuselage mounted inlets. For other type of mounted inlets [21] should be consulted. The first
iteration of the fuselage weight is calculated to be 6,486N (1,455Ibs).

0.245 TO 0 98 ff 0.61
=14.51 % us
) 1000 (hfus) (12.4)

12.2.1.4 Landing-Gear

The landing-gear weight is approximated with equation (12.5). The first iteration of the landing-gear
weight is calculated to be 2,079N (466.3Ibs)

W 0.84
=62. 21(1000? (12.5)

12.2.1.5 Structure Weight Summary

Table 33. AMT structure weight summary

Parameter Weight, N(lbs)
Wing 3,970(890.6)
Horizontal 409(91.8)
Vertical Fins 608(136)
Fuselage 6,486(1,455)
Landing-Gear 2,079(466.3)
Total 13,550(3,040)

12.2.2 Powerplant Weight
The powerplant weight is a sum of the engine, air induction system, ramp (for supersonic aircraft), and
fuel system, as shown in equation (12.6).

w = Weng + Wai + Wramp + Wfs

pwr (12.6)
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12.2.2.1 Air Induction and Ramp System

The air induction system and intake ramp are approximated with equations (12.7) and (12.8),
respectfully. The duct coefficient (Kg) is 1.0 for curved cross sections and 1.33 for flat cross sections. The
air induction system is calculated to be 767N (172Ibs). The ramp intake is calculated to be 365N (81.91bs).

0.7331

Wai = 11.45(Lauce * Nint - VAnKa) (12.7)

1201
Wramp = 4-079{’€ramp * Nint - \/Ainl} (128)

12.2.2.2 Fuel Management System

The fuel system is responsible for reducing cg change due to fuel burn. The fuel system is approximated
using equation (12.9). The coefficient Ky is the density of the fuel. The USAF specifies JP-8 fuel, which
has an average density of 820 kg/m? [25], this converts to about 6.8 Ibs/gal. These are the appropriate units
for equation (12.9). For other types of fuel systems, [25] can be consulted for appropriate fuel densities.
The fuel system is calculated to be 652N (1461bs).

0.818 0.854
W o=416L V" 1 4701 W

fs 100K, 100K, (12.9)

12.2.2.3 Propulsion System

The propulsion system is composed of the engine controls and the starting system. Depending on the
system, additional terms may be added to equation (12.10). The engine controls and electric starter are
approximated from equation (12.11) and (12.12), respectfully. The propulsion system is calculated to be
396N (88.91bs).

Wp = Wee+ W

(12.10)

Wee = 1.08(£5,s - No) 072 (12.11)
0.918

Wess = 38.93(Weng/1000) (12.12)

12.2.2.4 Powerplant Weight Summary
Table 34. AMT powerplant weight summary

Parameter Weight, N(lbs)
Engine 9,800(2,200)
Air Induction 767(172)
Ramp Inlet 365(81.9)
g;g:ehnqanagement 652(146)
Propulsion system 396(88.9)
Total 11,990(2,690)

12.2.3 Fixed Equipment Weight

The fixed equipment weight is the sum of the appropriate components for the aircraft being designed.
For the AMT equation (12.4) is used. Each of the components are explained in the following sub-sections.
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erq = ch + Wiae + Wels + w + WOX + qur + Waux

api (12.13)

12.2.3.1 Flight Control System

The flight control system is approximated with equation (12.14). For aircraft designs without a
horizontal tail or with a variable sweep wing, the constant of 138 must be correct, see [25] pg. 100. The
first iteration is calculated to be 2,478N (5561bs).

WTO 0.581
Wt =138 (550 (12.14)

12.2.3.2 Instrumentation, Avionics, and Electronics

The instrumentation, avionics, and electronics are approximated with equation (12.15). The first
iteration is calculated to be 918N (2061bs).

Wiae = 120 + 20N g + 0.006Worg (12.15)

12.2.3.3 Electrical System
The electrical system is approximated with equation (12.16). The first iteration is calculated to be
1,116N (2501bs).

Wfs + Wiae vt

Weis =426 (

1000 (12.16)

12.2.3.4 Air-conditioning, Pressurization, and Anti-Icing Systems

The air-condition, pressurization, and anti-icing systems are approximated with equation (12.17). The
first iteration calculation is 623N (1401bs).

V./700
Wiae + Wcrew

Wap = 202§ (12.17)

1000 }

12.2.3.5 Oxygen System
The oxygen system is approximated with equation (12.18). The first iteration calculation is 212N

(47.6lbs).
Wox = 16.9(Nerew) %% (12.18)

12.2.3.6 Furnishings

Furnishings for trainers and fighters include ejection seats, insulation, trim panels, lighting, etc. The
furnishings are approximated with equation (12.19). The first iteration is calculated to be 3,520N (789lbs).

W 22.9 (Ncrew QL ;'HJ 4107 (Ncrew ' WTO)U'JOJ

f = . — —_——mmm

. 100 100,000 (12.19)
ejection seats = other
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12.2.3.7 Auxiliary Gear

The auxiliary gear is used to account for other equipment not in the other categories and manufacturers
variation. The auxiliary gear weight is approximated with equation (12.20). The first iteration is calculated
to be 346N (77.5Ibs).

Waux = 0.01Wg (12.20)
12.2.3.8 Fixed Equipment Weight Summary

Table 35. AMT fixed equipment weight summary

Parameter Weight, N(lbs)
Flight Control System 2,480(556)
Instrume.ntatlon, Avionics, and 918(206)
Electronics
Electrical System 1,116(250)

Air-conditioning, Pressurization,

and Anti-lcing Systems 623(140)
Oxygen System 212(47.6)
Furnishings 3,520(789)
Auxiliary Gear 344(77.2)
Total 9,210(2,065)

12.3 Iterated Weight Summary

The equations used in section 12.2 that are function of Wro must be iterated upon to determine a
converged value for the empty weight. After three iterations, the difference between the initial and final
values for We is less than 0.5%. When comparing the Class | to the final iteration of Class Il weight sizing,
the takeoff weights had a difference of 6%.

Many of the structure equations are based on much older aircraft that were manufactured with heavier
materials. Composite parts can be 15 to 25% lighter than the older materials, and aluminum-lithium as 10%
lighter [17]. Since the publishing of Roskam’s Airplane Design series, large improvements in composite
technology and manufacturing techniques make the claims more reasonable. Boeing has claimed
approximately a 20% savings in weight, as a result of composite material use, as compared to aluminum
alloys.

Since composite parts will be used in the AMT’s structure, a conservative 5% reduction of the structure

component weights will be employed. Table 36 summarizes the final iteration values along with the We
and Wro.
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Table 36. Summary of class | and class Il AMT component weights with percent change

Weight, N(lbs) %Change
Parameter
Class | Class Il
Wing 4,455(999) 3,955(887) -11
Horizontal 389(87)
. . 1,157(260) -17
Vertical Fins 577(129)
Fuselage 6,083(1,358) 6,310(1,415) +4.2
Landing-Gear 2,203(494) 2,110(473) -4.2
Total 13,870(3,111) 13,340(2,293) -1.3
Engine 9,800(2,200) 9,800(2,200) 0.0
Air Induction 767(172)
Ramp Inlet 365(81.9)
2,386(535) -6.6
Fuel Management System 701(157)
Propulsion system 396(89)
Total 12,190(2,735) 12,040(2,700) -1.3
Flight Control System 2,595(582)
Instrume_ntatlon, Avionics, and 943(210)
Electronics
Electrical System 1,140(255)
A|r-coan|t|0_n|ng, Pressurization, 6,875(1,542) 627(140) +37
and Anti-lcing Systems
Oxygen System 212(48)
Furnishings 3,530(790)
Auxiliary Gear 355(80)
Total 6,875(1,542) 9,400(2,110) +35
Fuel 15,390(3,450) 15,390(3,450) 0.0
Crew 1,783(400) 1,783(400) 0.0
WEe 32,940(7,390) 34,990(7,850) +6.7
Wro 50,322(11,290)  52,160(11,700) +4.4

The largest discrepancy between Class | and Class Il weight sizing is the fixed equipment. After a
review of the Class | weight fraction method, the discrepancy is a result of the averaged comparable aircraft
Whro being greater than the AMT’s. This resulted in a lower weight fraction. When comparing the calculated
fixed equipment weight to the comparable aircraft’s fixed equipment weight, the results obtained are more
agreeable than the weight fractions.

With that said, the overall structure and powerplant weights have a difference from Class | of less than
5% as recommended [21]. The fixed equipment weight is acceptable based on actual fixed equipment of
comparable aircraft. The calculated Class Il weights will be used for the proceeding analysis.

12.4 Component Centers of Gravity

Following the same method from Class | W&B, each of the components are laid out and their positions
are recorded. The cg of the AMT is determined with equation (8.1). The estimated position of the
component weights are listed in Table 37. The resulting cg travel for the loading and unloading scenarios
is shown in Figure 130. The fuel management system helps maintain A/C cg location, which is why there
is one fuel unloading, as compared to the two fuel loadings. Table 38 lists the aircraft cg locations for the
loading and unloading scenarios in Figure 130.
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Table 37. Class 1l component weights and coordinates from reference point

Component Weight (N) X (m) Y (m) Z (m)
Wing 3954 13.97 0.0 5.68
Horizontal 389 18.03 0.0 5.2
Vertical (1) 289 16.76 -0.548 6.15
Vertical(2) 289 16.76 0.548 6.15
Fuselage 6310 11.60 0.0 5.36
Landing-Gear Nose 633 9.82 0.0 4.83
Landing-Gear Main 1478 13.9 0.0 4.95
Engine 9807 16.55 0.0 5.26
Air Induction 767 12.6 0 5.2
Ramp Inlet 365 10.9 0 5.6
Fuel Management System 701 12.3 0 5.25
Propulsion system 396 15.2 0 5.2
Flight Control System 2595 14.65 0 5.6
Instrumentation, Avionics, and

Electronics 943 8.05 0 5.35
Electrical System 1141 6.65 0 51
Air-conditioning, Pressurization,

and Anti-lcing Systems 627 11.55 0 6.05
Oxygen System 212 11.15 0 5.85
Furnishings 3528 9.23 0 5.44
Auxiliary Gear 355 11.05 0 5.47
Trapped Fuel & Oil 211.4 12.89 0 4.95
Fuel, Fuselage 8,290 12.08 0.0 5.20
Fuel, Wing 7,101 13.86 0.0 5.67
Crew(1) 892 8.78 0 5.62
Crew(2) 892 10.16 0 5.77
Takeoff Weight 52,160 12.99 0.0 5.39

X— Loading Unloading
53000 ) Instructor
Pilot &-E)e_““”‘“‘ =< Fuel.Wing

z 48000 L =

- e

%o 43000 b N

= 38000 Fuel.Fuselage Empty

Fuel Pilot P4
33000
13.00 13.05 13.10 13.15 13.20 13.25 13.30

Xcg (m)

Figure 130. X¢q travel for Class 11 W&B from reference point for different loading scenarios
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Table 38. Class 1l W&B center of gravity location for loading and unloading scenarios from reference point

Loading Weight (N) Keg (M) Yeg (M) Zcg (M)
Empty 34,990 13.27 0.00 5.38
Fuelruselage 43,280 13.01 0.00 5.34
Fuelwing 50,380 13.11 0.00 5.38
Instructor 51,270 13.04 0.00 5.38
Pilot 52,160 12.99 0.00 5.39
Unloading Weight (N) Keg (M) Yeg (M) Zcg (M)
Fuel 36,770 13.09 0.00 5.40
Pilot 35,880 13.16 0.00 5.39
Instructor 34,990 13.27 0.00 5.38

12.4.1 Discussion

In chapter 8 it was determined that that the allowable cg travel is 22-43cm. This configuration has a cg
travel of 24cm, which is acceptable. The decrease form 41cm in the Class | W&B is due to splitting the fuel
between the wing and the fuselage. In the wing design chapter, it was determined the wing volume would
not be adequate to contain all the fuel. In part to improve the design, an approximated volume is taken for
the wing as shown by Figure 131. The fuel cell would be located between the spars and half the span of the
wing. This results in a volume of 0.9m3, which is below the 1.3m? calculated in chapter 6. The fuselage fuel
cell is determined to be placed aft of the cockpit between the inlet ducts as shown by Figure 132. The
volume is determined from the difference of the required volume of 1.95m2and the wing volume, plus a
5% margin. This equates to the fuselage fuel cell volume equal to about 1.1m?3,

Figure 131. AMT wing fuel cell

r'*

N

Figure 132. AMT fuselage fuel cell
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The nose landing-gear has been moved aft and below the cockpit, so the nose conical area can be
utilized for appropriate equipment and sensors. This was initially not considered for the Class | W&B. This
is not a significant change in the design to warrant landing-gear reevaluation. The other significant change
is the minimum and maximum cg travels have decrease by about 10cm. With a more forward cg, the static
margin would increase providing more static longitudinal stability.

12.5 Aircraft Moments and Products of Inertia

The moments and products of inertia (Mol and Pol) of an aircraft are calculated with equations (12.21)
through (12.26) [21]. The first terms in equation (12.21) through (12.26) are the individual components’
Mol and Pol about their own cg. In the special case where a component’s individual Mol and Pol is
negligible and the list of components is large, the individual Mol and Pol of the components can be dropped
from equations (12.21) through (12.26) [21].

n

L = ilxxi+ m; {(¥i — Yeg) { (zi — Zeg) } ? (12.20)
Iy =3 :Ilyyi b (2= ze) + (5 — X)) } (12.22)
L. =22 I; b m (= xe) + (5= ye) } (12.23)
Ly =3 :ixyi + mi(xi — Xeg) (Vi — Veg) (12.24)

Iyx =33 iriyxi + mi(Vi — Vee) (Zi — Zeg) (12.25)
(12.26)

n
Ix = Z .IZX + mi(zi — ch) (Xi —+ Xcg)
1

The individual components’ Mol and Pol are unknown, and applying the simplified version of
equations (12.21) through (12.26) lead to incorrect estimations. To obtain a better approximation, the
Solidworks 3D model will be used. The model’s components are the wing, horizontal, vertical fins,
fuselage, engine, fuel and crew. All the other components’ masses will be added to the overall fuselage
mass. Each of the modeled components are assigned the masses determined in the Class Il W&B. Using
the mass properties in Solidworks, the approximate Mol and Pol of the AMT are determined. These values
are listed in Table 39, along with the hand calculated values to see the comparison. For a comparison, The
F-104 Mol [35] have been listed in Table 39. Though the F-104 is 45% heavier than the AMT, the values
provide a reference to merit the approximate Mol and Pol for the AMT.

Table 39. Moments and products of inertia , units: kg-m?(slug-ft?)

Method Configuration Ixx lyy lzz Ixy vz lzx
By Hand TO 325(240) 34,380(25,355)  34,090(25,140) 0.0 0.0  167(123)
TO 4,350(3,210) 40,915(30,180)  44,030(32,470) ~0.0 ~0.0 257(190)
Solidworks 50% Fuel 3,730(2,750)  39,800(29,355)  42,420(31,290  ~00  ~00  100(75)
0% Fuel 3,115(2,300)  38,640(28,500)  40,770(30,070) ~00  ~0.0  -50(-40)

F-104 Cruise 4,880(3,600) 80,000(59,000)  81,350(60,000) ~0.0 ~0.0 ~0.0
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12.6 Performance Reevaluated

The performance sizing from chapter 4 used many assumptions and simplifications. Through the design
process parameters have changed, and analysis has provided better approximations that can be used for
better performance approximations based on W/S and T/W. The initial drag polars considered used
simplified drag polar estimation techniques. The revised drag polars provide a better approximation which
should be applied to the AMT’s aircraft performance. Based on the engine selected, the thrust available is
significantly greater than previous sizing in section 4.3. The performance in section 4.5 is recalculated
based on the analysis completed, the results are shown in Table 40. As a note, the max speed and Mach
number are based off the Mach 1.5 drag polar.

Table 40. AMT performance revaluated

Parameter Value Units Condition
Tas 90.0(20.2)
T 60.0(13.5) kN(klbs) Sea-level
Wro 52,160(11.7) kN(klbs) Sea-level
Tas/Wro 1.73
TWro 115 N/A Sea-level
Takeoff
WrolS 2,830 (55.5) N/m2 (Ib/f2) aKeo
Sea-level
S 18.4 (198) m? (ft?) N/A
Sea-level
\Y/ 56.6(186 /s (ft/
ST ( ) ms ( S) CL,max =144
Stoc W/AB 250 (810) m (f) Alt =2,500m (8,200ft)
no AB 390 (1,280) CLmax=1.44
Alt =2,500m (8,200 ft)
S 600 (1,975 m (ft
ke ( ) ( ) CL,max =1.44
CGRto W/AB 1,175(7,137) . _ o
no AB 710(4,320) m/km(ft/nMile) Alt =2,500m, CLci=1.2
RCsu» W/AB 121(23.8) . _
no AB 77.2(15.2) m/s (kft/min) Alt = 4,570m (15,000ft)
RCsup W/AB 23.3(4.58) . _
no AB 11.2(2.20) m/s (kft/min) Alt = 5,486m (18,000ft)
m/s
Vmax 670(2,200) fis Alt = 10km (32,800ft)
Mmax 2.1 Alt = 10.0km (18,000ft)
n 9.0 Alt = 5,486m (18,000ft)
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13. Life-Cycle Cost Analysis

The cost analysis in the following sections uses the methods from [36]. The analysis covers prototype
development cost, manufacturing and acquisition cost, operational cost, and disposal cost. Many of the cost
functions were developed +30 years ago and must be corrected. The cost corrections are done with inflation
rates and the cost escalation factor (CEF) defined by Figure 133. Many of the labor rates are given in [36]
are for 1990s wages. To account for inflation, these values are multiplied by 1.9. The 90% increase was
determined with an online inflation rate calculator.

500 - — — —
7.50 l Bass 1.0/ 1870 ‘
r a0 4 | For years later than 2074 [
o CEF=6 008930+ 0 10280(Year-2014) ! -~ ‘
3 80
790 .
- 3.0 /
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« 500
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s 4 00 po>
= 3.50 ”
=2 1
00 /-,/
250 P
/s
200 /
1 &0 o
C 1560 -~
P
100 4=
50
0.00 e po——— - ' —
1970 1975 1880 1985 1990 1685 2000 2005 2010 2015 2020 202¢
Caiendar Yoar

Figure 133. Change in CEF over time [36]

The life-cycle cost is approximated with equation (13.1).

LCC = CrprE + Cymacq + Cops + Cpisp

(13.2)
Where,
CroTE Research, development, testing, and evaluation cost (RDTE)
Cwmacq Manufacturing and acquisition cost (MA)
Cors Operational cost
Coisp Disposal cost
The following sections provide additional detail for each of the life-cycle cost components.
13.1 Research, Development, Testing, and Evaluation Costs
The research, development, testing, and evaluation cost is approximated with equation (13.2).
CRDTE = Caedr+ Cdstr + Cptar + Cftor+ Ctsfr'l_ Cpror+ Cfinr (132)

Where,
Caed, airframe engineering and design cost (AED)
Cast, development support and testing cost (DST)
Cpta, protype test airplanes cost (PTA)
Co, flight test operation cost (FTO)

test and simulation facilities cost (TSF)
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Coro, RDTE profit
Cin, RDTE finance cost
The following sections develop each of the RDTE cost contributions.

13.1.1 Airframe, Engineering, and Design Cost

The AED cost is approximated with equation (13.3). This is a function of:
Wampr aeronautical manufacturers planning report weight

V max max level speed

Nrdte number of prototype testing planes
Faitr design difficulty factor

Fead manufacturer CAD experience factor
R, average engineering rate

The constant number in the equation (13.3) is based on English units.

Caed = 0.0396W0 0 Vi e N 1ed it Fead " Rey (13.3)

The ampr weight is approximately the structural weight of the aircraft, therefore the AMT’S Wampr IS
13,340N (2,9901bs). The maximum speed was determined to be 670m/s(1,300KEAS) in chapter 11. For
military planes, Nt is 6 — 20 [36]. Since the AMT is a simple conventional advanced trainer, 6 planes will
be considered for the Nie. The AMT is not a complex design, so 1.0 is used for Fgitr. Since 3D modeling is
an industry normal, most manufactures should have extensive experience with CAD, s0 Fcg is 0.8. The
hourly rate for an engineer was about 60USD/hr in 1990s [36]. Accounting for inflation, the R, _is assumed

to be 115USD/hr. The AED cost is calculated to be $16.1 million.

13.1.2 Development, Support, and Testing Cost

The DST cost generally covers windtunnel, systems, structure, propulsion, and simulation testing. The
DST cost is approximated with equation (13.4). The CEF is determined from Figure 133.

Cyst = 0.008325W0873 - /1890 - N0.346 - CEF - F
r ampr te

max rd

diff (13.4)

The CEF is taken as 6.5. Using the previously determined parameters, the DST cost is calculated to be
$83.9 million.

13.1.3 Prototype Test Airplanes Cost

The prototype test airplanes (PTA, cost consists of:
Cea,  €ngine and avionics cost
Cnan, labor cost
Cmat, Materials cost
Ciool, toOls cost
Cqe,  Quality control
The PTA is approximated with equation (13.5).

Cptar = Cear + Cmanr + Cmatr + Ctoolr + Cqu (13_5)
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13.1.3.1 Engine and Avionics Cost

The engine and avionics (EA) cost is approximated with equation (13.6). This depends on the cost of
the engine (C, ), number of engines per plane (N,), avionics cost (C,_ ), and the number or prototype test

planes.

Cear: (Cer' Ne + Car) * Nrgte (136)

The EJ200 is reported to cost $8.5M by deagel.com, which reports on military and commercial aviation.
Each aircraft only has one engine. For the F-14 to F-18 aircraft, avionics can cost %50 to %100 of the cost
of the propulsion system. Since this is a trainer, fewer systems are needed. Therefore, the avionics cost is
assumed to be %30 of the propulsion system. The engine and avionics cost is calculated to be $66.3 million.
13.1.3.2 Manufacturing Labor Cost

The manufacturing labor (MAN;) cost is approximated with equation (13.7). The hourly rate for
manufacturing labor was about 35USD/hr in 1990s [36]. Accounting for inflation, the Ry, is assumed to
be 66.5USD/hr.

— U.740 , yU.543 . NU-D24, .
Cmanr— 28984'V\{?lmpr Vmax Nrdte Fdiff Rmr (137)

The manufacturing labor cost is calculated to be $90.4 million.

13.1.3.3 Manufacturing Materials Cost

The manufacturing materials (MAT,) cost is approximated with equation (13.8). The correction factor
(Fmat) is dependent on the type of materials used. Where Fma is 1.0 for conventional aluminum alloys, 2.0
for conventional composites, and 3.0 for carbon fiber composites. The AMT will feature a combination of
all three types of materials. Therefore, Fma is assumed to be 2.0.

Cinat =37.632F ¢ - WU:08Y . U024, NU":e‘ . CEF

ampr  max rd

(13.8)
The manufacturing materials is calculated to be $44.1 million.

13.1.3.4 Tooling Cost

The tooling cost is approximated with equation (13.9). The undefined symbols are the production rate
per month (N, ) and the tooling labor rate (R;_ ). The production rate per month is 0.33 may be assumed

[36]. The hourly rate for tooling labor was about 45USD/hr in 1990s [36]. Accounting for inflation, the Ry,
is assumed to be 85.5USD/hr.

— 0.764 , 70.899 . NO0-178 . N0.066. .
Croot, = 4-0127Wy0r - Vinax “Nrate " Niv o0+ Foaige * Ry,

(13.9)

The tooling cost is calculated to be $125 million.

13.1.3.5 Quality Control (QC) Cost
The quality control cost is approximated as a percent of the manufacturing cost with equation (13.10)

chr= 0.13Cmanr (1310)

The quality control is calculated to be $11.8 million.
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13.1.3.6 Summary of Prototype Test Aircraft Costs

The summary of the PTA costs and total PTA cost is listed in Table 41. Figure 134 shows the percent
breakdown of the prototype test airplanes.

Table 41. Summary of prototype test airplanes costs

Parameter usD $
Engine & Avionics 66.3M
Manufacture Labor 90.4M
Manufacturing Materials 44.1M
Tooling 125M
Quality Control 11.8M
Prototype Test Airplanes Cost 338M

13%

27% ' 37%

_—

3%

20%
H Engine & Avionics B Labor B Materials
H Tooling M Quality Control

Figure 134. Prototype test airplanes cost percentages

13.1.4 Flight Test Operation Cost

The FTO cost is approximated with equation (13.11). For flight testing inherently unstable airplanes or
stealth observability, an additional multiplier would be added to equation (13.11). The AMT does not have
any complexities that would require outside the normal prototype flight testing.

Cio= 0.001244WH180 V1370 1281 CEF - F (13.11)

The FTO cost is calculated to be $12.2 million.

13.1.5 Test and Simulation Facilities Cost

The TSF cost is to account for the building of special facilities related to a specific aircraft design.
Examples of this are the B-2 and X-29. The cost of the TSF is considered a fraction of the overall RDTE
cost. The AMT does not require any special facilities and therefore, this cost is $0.

13.1.6 RDTE Profit

The RDTE profit is to account for the fact that a company performing the RDTE would like to make
money. A recommended value to assume for profit cost is 10% of the total RDTE cost [36]. Therefore, the
profit cost can be expressed by equation (13.12).

Cpror = Fpro,* CroTE (13.12)
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The profit cost is calculated to be $56.3 million.

13.1.7 RDTE Finance Cost

The RDTE finance cost is to account for cost associated with borrowing money to perform the RDTE.
Regardless if a well-financed company has the capital, the capital to perform the RDTE has a cost. A
recommended value to assume for the finance cost is 10-20% of the total RDTE cost [36]. Therefore, the
finance cost can be expressed by equation (13.13). A finance cost of 10% will be used for the AMT.

Cfin, = Ffin," CroTE (13.13)

The profit cost is calculated to be $56.3 million.

13.1.8  Summary of RDTE Costs

The total cost of RDTE is calculated with equation (13.14). The summary of the RDTE costs are listed
in Table 42. The percent breakdown of the RDTE cost can be seen in Figure 135.

L‘aedr + L‘dstr + L‘ptar + L‘ftor

CroTE =

= t‘pror B t‘finr (1314)
Table 42. Summary of RDTE
Parameter UsSD $
AED: 16.1M
DST: 83.9M
PTA: 338M
FTOr 12.2M
TSFr 0
RDTE Profit 56.3
RDTE Finance 56.3
RDTE Total 563M
60%

10%

15%
2%

10%

B Airframe, Engineering, & Design
Prototype Test Airplanes
M Profit

Development, Support, & Testing
H Flight Test Operations
H Finance

Figure 135. Research, development, testing, and evaluation cost percentages

13.2 Manufacturing and Acquisition Cost

The manufacturing and acquisition cost is similar to RDTE cost. Airframe engineering and design
(Caeq,, ) is necessary to correct any problems found during the RDTE phase. The Aircraft program

production (C,p,,) is the cost of producing the aircraft. The production flight test operations (Cs,,,) verifies
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basic handling qualities of the aircraft. Finance (Cgy,, ) and profit (Cpr,,, ) costs are the same definitions as

in the RDTE cost but applied to producing the aircraft. Many of the components of the MA cost
approximation are the same or very similar to the cost approximations used for the RDTE. The main
difference being the second subscript, where r was used for RDTE and m is used for MA.

Cma = Caedm + Capem + Cttom + Cting + Cprom (13.15)

13.2.1 Airframe, Engineering, and Design Cost

The AEDy, is calculated similarly to the AED; cost. The exceptions are that the number of planes to
produce (Nwma) is for the total production, and the AED; cost is subtracted so as not to account for AED cost
that has previously been done.

Caea, = 0-0396W T Ve N MA T s Feaa " Repy ™ Caca, (13.16)

The USAF is asking for an initial 350 aircraft. Using the values previously determined in 13.1, the
calculated AEDy, cost is $323 million.

13.2.2 Aircraft Production (APCy,) Cost
The APC, cost is similar to the prototype test airplanes cost.

Capem = Ceam ™ Cmanm + Cimaty + Croolm + Cqenm (13.17)

13.2.2.1 Engine and Avionics Cost

The EAn cost is approximated with equation (13.18). Equation (13.18) is similar to equation (13.6) but
the number of research planes is corrected to the number of planes being manufactured.

Ceap, = (Ce,* Ne+ Cq ) - Nyia (13.18)
The engine and avionics cost is calculated to be $3.87 billion.

13.2.2.2 Manufacturing Labor Cost

The manufacturing labor cost is approximated with equation (13.19). The MA manufacturing labor rate
is the same as the RDTE manufacturing labor rate in 13.1.3.

_ 740 + \J0.543 « N0.524 » :
Cmanm 28'984Wg;fp0r Vonfjx N IZ\ZAF diff Rmm many (13.19)

The manufacturing labor cost is calculated to be $671 million.
13.2.2.3 Manufacturing Materials Cost

The manufacturing materials cost is approximated with equation (13.20).

Crnat =37.632F g WU.087 - Y0024 . NV 7% CEF — Cppay
m r

ampr  max

(13.20)

The MA manufacturing materials cost is calculated to be $1.06 billion.
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13.2.2.4 Tooling Cost

The MA tooling cost is approximated with equation (13.21). The production rate (Ng ) is assumed to
be 0.33. The MA tooling labor rate (R;, ) is the same as the RDTE tooling labor rate.

— V.764 , 0.8YY , u.1/8 , V.V6b , . _
Ciool = 40127WU/o% - VI - NJAP - NUUOO-F R = C (13.21)

The MA tooling cost is calculated to be $133 million.

13.2.2.5 Quality Control Cost

The MA quality control cost is approximated the same as the RDTE quality control with equation
(13.10). The quality control is calculated to be $87.2 million.

13.2.2.6 Summary of APC, Costs

The summary of the APC, costs and total APCy, cost is listed in Table 43. Figure 136 shows the percent
breakdown of the aircraft production costs.

Table 43. Summary of APC costs

Parameter usD $
Engine & Avionics 3.87B
Manufacture Labor 671M
Manufacturing Materials 1.06B
Tooling 133M
Quality Control 87.2M
Aircraft Production 5.82B

66%

-

1%,

. o 18%
M Engine & Avionics B Labor Materials

H Tooling B Quality Control

Figure 136. Aircraft production cost percentages

13.2.3 Production Flight Test Operations Cost

The production flight test operations (FTOwm) cost is approximated with equation (13.22). The

operational cost per hour (Cops/ny) is determined in section 13.3.7. The Cyps/nr is calculated to be

$2,400/hr. A recommended 20hrs be used for military flight test hours (t«) [36]. The overhead factor (Frion)
is recommended to be 4.0 when no data is available.

Cftom = Npa- Cops/hr ’ tpft * Fion (13.22)

The production flight test operations cost is calculated to be $66.9 million.
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13.2.4 Manufacturing Finance Cost

The manufacturing finance cost is calculated in the same manner for the RDTE finance cost using
equation (13.23). The finance factor (Fg, ) is assumed to be 10%.

Ctinm = Ffinm* Cma (13.23)
The manufacturing finance cost is calculated to be $776 million.

13.2.5 Manufacturing Profit Cost

The manufacturing profit cost is calculated in the same fashion as the RDTE profit cost using equation
(13.24). The profit factor (Fy,,,) is assumed to be 10%.

Cprom = Fprom " Cma (13.24)
The manufacturing profit cost is calculated to be $776 million.

13.2.6 Summary of Manufacturing and Acquisition Cost

The resulting MA cost can be determined with equation (13.25). Table 44 summarizes the MA costs
and Figure 137 shows the percent breakdown of the MA cost.

Caedm + Capcm + Cftom
Cva = 1-F _F (13.25)

finm Prom

Table 44. Summary of manufacturing and acquisition cost

Parameter usD $
AEDn 323M
APCn 5.82B
FTOm 66.9M
MA Finance 776M
MA Profit 776M

Total Manufacturing and

Acquisition Cost 1.768

75%
4% l 1%
10% 10%
M Airframe, Engineering, & Design ' Aircraft Production
M Flight Test H Finance

H Profit

Figure 137. Manufacturing and acquisition cost percentages
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13.3 Operating Cost

The operating cost covers all the required expenses of operating the aircraft. For a military aircraft, the
significant contributors are the following:
CroL fuel, oil, and lubricants costs
Crerspir direct personnel cost
Crersino indirect personnel cost
Cconmat consumable materials cost
Cspares  Spares cost
Cwmisc miscellaneous and other costs

The operating cost is approximated with equation (13.26). For the following sections, the calculations will
use the minimum and maximum annual flight hours 600 and 1,000 for a military train [36].

COPS = CFOL + CPERSDIR + CPERSIND + CCONMAT + CSPARS + CMISC (1326)

13.3.1 Fuel, Oil, and Lubricants (FOL) Cost

The fuel, oil, and lubricants cost is approximated with equation (13.27). This depends on the fuel price
(FP), fuel density (FD), number of missions (Nmission), number of planes in service (Nserv), and the service
life of the plane (Nyr).

FP
CroL = 1.05Wg, - FD Nmission " Nsgrv * Nyr (13.27)

The average fuel consumed per flight is about 1,325kg without counting the reserves fuel, as determined
in chapter 3 weight sizing. The price of JP-8 is about $3/gal [37], which equates to $0.79/L. The converted
fuel density is about 0.8kg/L. Assuming the average flight time is 1.5hrs, the number of missions is 400 to
667/yr. The number of planes in service are assumed to be about 30% of the 351 planes acquired. The
service life is assumed to be half of the T-38’s at 30yr. The cost of the fuel, oil, and lubricants is about
$1.66 to $2.77 billion.

13.3.2 Direct Personnel Cost

The direct personnel cost is a result of flight and maintenance crews, and is approximated using
equation (13.28). It should be assumed that the crew ratio (Rcr) as zero [36], [38]. There is no explanation
for this in either reference. The most logical reason is that trainers are used for learning and therefore, the
crews are not directly paid to operate the aircraft. Based on this, the direct personnel cost for a trainer is
only a result of the maintained crews.

Cperspir = Nsgrv - Nyr(Ncrew * Rer* Screw - OHRcrew + Uanngir* MHRE R * Ryyy ) (13.28)

The annual hourly usage was previously determined to be 600hrs/yr. The maintenance manhours
(MHREgLHR) is assumed to be 10 manhours/flight-hour, based on the T-38 maintenance manhours [36]. The
military maintenance labor rate(Ry,, ) in 1989 as 45USD/hr [36]. Adjusting for a 90% inflation rate to
today’s USD, Ry, is assumed to be 85USD/hr. The resulting direct personnel cost for the AMT is
calculated to be $1.53 to $2.55 hillion.

13.3.3 Indirect Personnel Cost

Indirect personnel covers all other personnel required for the operation of an aircraft, which are not
directly involved in the flight operations. For military trainers the fractional cost of indirect personnel is
negligible since the flight missions are only for training purposes. In cases where indirect personnel cost
must be considered, equation (13.29) is used.
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Cprsipr = fpersinD - Cops (13.29)

13.3.4 Consumable Materials Cost

The consumable materials covers the materials used in the maintenance of the aircraft. The consumable
materials cost is approximated with equation (13.30).

Cconmat = Nsgrv* Nyr * Uanngr MHRppgR - Rconmar (13.30)

The average cost of consumable materials (Rconmat) is recommended to be taken as 6.5 USD/hr
[36]. This value must be multiplied by an inflation rate to properly account for the cost. Therefore, this
value is assumed to be 12.35. All other terms have been defined. The consumable materials cost is
calculated to be $222 to $371 million.
13.3.5 Spares Cost

No spares are considered for the AMT. Any spares are covered under the USAF procurement of the
350 aircraft. When spares must be accounted for, equation (13.31) is used. The coefficient fspares is
determined from comparable planes in service.

Cspares = fspares * Cops (13.31)

13.3.6 Miscellaneous Costs

The miscellaneous costs are those that don’t fall under the other cost categories. Miscellaneous costs
can be approximated, similar to spares or indirect personnel costs, as a fraction of the operational costs. For
military aircraft, miscellaneous costs can be approximated with equation (13.32).

Cmisc = 4Cconmar (13.32)

Base on the consumable materials cost, the miscellaneous cost is $889 million to $1.48 billion.

13.3.7 Summary of Operating Costs

The operational costs of the AMT are approximated with equation (13.33). Since different types of
planes have different missions, a way to compare their cots is with the operational cost per hour. The
operational cost per hour is calculated with equation (13.34). Table 45 summarizes the operational costs for
the AMT. Figure 138 shows the percent breakdown of the operational costs.

CroL * Cperspir T Cconmar + Cumisc

Cops = 1_¢ _ ¢ (13.33)
PERSIND  SPARES
c Cops
ops/hr = N sgry * Nyr* Uannﬂt (13.34)
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Table 45. Summary of operational costs

Annual Flight Hours 600 1000
Parameter USs$
CroL 1.66B 2.77B
CpERSDIR 1.53B 2.55B
CconmaT 0.222B 0.371B
Cwmisc 0.889B 1.48B
Total(US$ Today for 30yrs) 4.30B 7.17B
Cost/hr $2,400/hr $2,400/hr

36%
21% 5%
M Fuel, Oil, & Lubricants H Direct Personnel
H Consumable Materials H Miscellaneous

Figure 138. Operational cost percentages

13.4 Disposal Cost

There comes a point when an aircraft is considered not to have any value and at this point it must be
disposed of. The costs associated with disposal are temporary storage, draining of liquids and oils,
disassembly of engines and electronics, and cutting of the airframe. Any responsible engineer should
account for these costs in the LCC of an aircraft instead of leaving such responsibilities to the future
generations. There are certain components that can be recycled but the fact stands there is a cost that must
be accounted for the disposal. The method to account for disposal costs is to consider a fudge factor of 1%
of the total LCC by equation [36]. Upon further research, no definitive method could be found to account
for the future cost of disposal. Therefore, the method provided by [36] will be used with equation (13.35)

Cpisp= 0.01LCC (13.35)
The disposal cost is calculated to be $128-157 million.

13.5 Summary of Life-Cycle Cost

Considering the disposal cost equation, the life-cycle cost is calculated by equation (13.36). Table 46
summarizes the individual costs and the life-cycle cost of the AMT. Figure 139 shows the comparison and
percent breakdown of the LCC depending on the spectrum ends of the flight hours per year.

URDTE T Lma T Lops

LCC =
0.99 (13.36)
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Table 46. Summary of LCC
Parameter UsD $
Research, Development,

Testing, and Evaluation 563M
Manufacturing and

Acquisition 1.768
Operation 4.3-7.17B
Disposal 128-157TM
Life-Cycle Cost 12.8-15.7B

u Research, Development, Testing, & Evaluation i Manufacturing & Acquisition
il Operation il Disposal

1000 Annual Flight Hours

600 Annual Flight Hours

Figure 139. Life-cycle cost percentages

13.6 Discussion

In chapter 1, it was discussed that the USAF estimated the program would cost $16 billion. In this
comparison the approximated LCC seems reasonable. Unfortunately, the T-X program contract awarded to
the Boeing-Saab partnership was for approximately $9.2 billion [39]. This is for 351 aircraft and 46 flight
simulators. In this regard, the methods used from [36] overly prices the AMT for the T-X program. This is
not the whole picture.

The contract awarded to Boeing-Saab did not specify a life-cycle length or annual flight hours. These
were big assumptions in the LCC approximations. Also, many of the labor rates were based off almost 30-
year-old wage approximations that were corrected for the inflation. Based off section 13.2.2, the engine and
avionics are a significant cost in the manufacturing of the AMT. The approximations used may be grossly
overpriced. A critical stage in the next iteration of the cost analysis would be to obtain more real-world
pricing for labor rates and suppliers. Overall, the estimations performed in this chapter provides a top-level
starting point to develop more concrete approximations in the cost of the AMT. Finding real-world data for
individual life-cycle cost contributions for military aircraft is difficult and therefore, there is no way to
accurately make a comparison of the individual costs calculated.
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14. Final Design

The purpose of this chapter is discuss environmental concerns, safety concerns, summary of the AMT’s
design, and compare the AMT’s design to Boeing/Saab’s design that secured the USAF contract for the T-
X program.

14.1 Environmental and Economic Tradeoffs

A global concern is climate change due to man-made greenhouse gas emissions. The International Air
Transport Association (IATA) reports that air travel is responsible for 2% of the world’s man-made CO;
emissions [40], and an estimated 11% of the total transportation emissions are related to air travel [41]. The
EPA lists transportation emissions at 28% of the global emissions. As a global problem, all contributors of
greenhouse gas emissions must look to reduce their emissions.

From a historical perspective, 50 years ago greenhouse gas emissions were not a public concern. The
state of the world was different, and the major concerns were nuclear war with Russia. 25 years ago, the
public concern grew and continues to increase to the present day. Now we live in a time where if the
problem is not addressed, many scientists believe the consequences of our actions could be irreversible.

The Department of Defense (DoD) is the largest government consumer of energy and is estimated to
obtain 2/3 of this energy from liquid-based fossil fuels [41]. As part of the global initiative, the DoD is
looking to implement more green energy methods to reduce its CO, emissions. The reasons are to reduce
the military’s dependence on fossil fuels and fossil fuel supply chains [42]. Implementing more green
energy reduces the military’s outside dependence of energy resources, and improves the resilience and
security of military bases from natural and man-made disasters [42]. Generally, the military has a large
influence on research and growing technologies. With the military looking to go green, this should increase
the overall funding of green technology and eventually be passed on to the public for use.

The USAF is a large consumer of fossil fuels in the military. The USAF is reported to use over 2.4
billion gallons of jet fuel annually and has approximately 260 green energy projects [43]. The goal of the
green energy projects are to transform domestic military bases to net-zero energy status. Other goals are to
improve the efficiency of vehicle fuel consumption and transfer some flight training to simulators. As part
of the T-X program, a requirement of the USAF is to have a specific fuel consumption 10% better than the
T-38 and compatible simulators to augment specific training exercises that do not require “real” flight time.
One of the reasons for the USAF high fuel consumptions is the constant training and flight exercises. As a
first-hand witness during an internship, with The Aerospace Corporation at Hill AF base in Utah, every day
the airstrip was utilized for incoming and outgoing flights, and every two to three days, squadrons of F-35s
were conducting flight exercises.

The ultimate solution to reduce military greenhouse gas emissions, is to remove the need for the
military. It is not practical and there will always be the need for the military. The more practical solution is
the one that is already being implemented. Researching and improving renewable energy sources. For
aircraft, many manufactures are exploring biofuels, hybrid propulsion systems, and electrical propulsion.
These technologies are still young but with the military looking to implement them, the industry will be
receiving a good financial boost to explore these green technologies.

14.2 Safety and Economic Tradeoffs

The USAF current advanced trainer, the T-38, first flew in 1959. Between 1961 and 1971 over 1,100
T-38 deliveries were made to the USAF [44]. With the T-38s approaching the 50- and 60-year mark, the T-
38s have required improvements and modernization to extend the life of the T-38s. A large safety concern
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was T-38s with many flight hours that showed signs of structural fatigue. Upgrades for this class of T-38s
are new wings and various structural improvements Kits [44], see Figure 140.
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Figure 140. T-38 structure upgrades [44]

Obviously, the main safety concern for the USAF is the aging T-38 trainers and the fatigue they have
endured over the 50 to 60 years of service. The idea of replacing the T-38 with a new aircraft is to eliminate
these problems associated with old aircraft. The safety concerns for a new aircraft is that it is new with an
unproven track record. Each subsystem needs to be tested to ensure they are reliable.

Considering the F-35, a modern aircraft in the USAF fleet which has had continued problems meeting
deadlines and operational ready status [45]. This is a concern for an advanced trainer that prepares pilots
going into the F-35 program. If the F-35 which first flew in the early 2000’s is still working out design
problems, then what is the optimism for a new plane designed to train pilots for the F-35 platform?

The safety concern for the AMT would be validating the design with flight data. Flight tests validate
the various subsystems in the aircraft and ensure they are working properly. Other safety concerns, from a
military viewpoint, are flight control systems and cyber safety. Many modern aircraft have augment flight
control systems which must validate the programing and computers with hackable data links. Cyber safety
is a concern because the aircraft can be rendered useless without a physical attack. Though the AMT is for
training and will not see combat, such a concern must be addressed.

If the AMT was not a “paper” design, then upon completion of the design a prototype would be built
and tested. Flight tests would ensure the performance meets the requirements and all the subsystems are
working properly. The cyber security would test the vulnerability of the data links between the aircraft and
the outside sources it communicates with. If there is a security issue, then it would have to be addressed.

New aircraft have always had to address the issue of safety. Which is proven and tested with in-air
flight hours. Cyber safety is a more modern problem with a growing concern. This is primarily due to the
available computing power now available to the public. Hackers can infiltrate networks with laptops to
access systems ran by computers to cause damage. This was not a concern 50 years ago when pilots were
responsible for flying, instead of computers.
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14.3 Summary of Design Parameters and Drawings

The work completed during the aircraft design process has resulted in a preliminary design. The
parameters of the AMT’s design are listed in Table 47. A 3-view drawing can be found in Figure 141.

Table 47. AMT design parameters

Parameter Value Sl Units Value ES?]:![Zh
Aircraft
Wro 52.2 kN 11,700 Ibs
We 35.0 kN 7,850 Ibs
WEe 15.4 kN 3,455 Ibs
Length 13.78 m 45.2 ft
Ground height 3.73 m 12.2 ft
Engine - EJ200
Length 4.0 m 131 ft
Intake diameter 0.74 m 243 ft
Mass 1,000 kg 2,200 Ibs
T w/out AB 60 kN 13,460 Ibs
T w/ AB 90 kN 20,190 Ibs
SFC 22 g/(KN-s) 0.77 Ib/(1bf-hr)
SFC w/ AB 48 g/(kN-s) 1.7 Ib/(1bf-hr)
Wing
S 18.4 m?2 198 ft?
AR 5 5
b 9.60 m 315 ft
I 2.15 m 7.05 ft
Cr 3.07 m 10.0 ft
Ct 0.768 m 2.52 ft
Acia 30 deg 30 deg
tlc 8% 8%
ir 0 deg 0 deg
it -5 deg -5 deg
A 0.25 0.25
Ailerons
S 0.678 m2 7.30 ft?
Percent Chord 20 % 20 %
Inner Span Location 33 m 10.8 ft
Outer Span Location 4.8 m 15.7 ft
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English

Parameter Value Sl Units Value Units
Horizontal/Stabilator
S 251 m?2 27.0 ft?
AR 3.8 3.8
b 3.54 m 11.6 ft
T 0.971 m 3.18 ft
Cr 1.37 m 4.49 ft
Ct 0.915 m 3.00 ft
ALE 40 deg 40 deg
tlc 10 % 10 %
by 0.4 0.4
Vertical (2)
S 1.82 m2 19.6 ft?
AR 15 15
b 1.65 m 5.41 ft
c 1.17 m 3.84 ft
Cr 1.57 m 5.15 ft
Ct 0.629 m 2.06 ft
ALe 45 deg 45 deg
tlc 10 % 10 %
by 0.4 0.4
Rudder
S 0.654 m2 7.04 ft?
Percent Chord 40 % 40 %
Inner Span Location 0.825 m 271 ft
Outer Span Location 1.57 m 5.15 ft
Nose Gear
Strut length 1.35 m 4.43 ft
Strut diameter <3.2 cm <1.26 in
Tire type Vil - VIl -
Tire diameter 43.2 cm 1.42 ft
Tire width 11.2 cm 441 in
Main Gear
Strut length 1.35 m 4.43 ft
Strut diameter <6.6 cm <2.60 in
Tire type Vil -—- VIl ---
Tire diameter 59.2 m 1.94 ft
Tire width 16.5 m 6.50 in
Crew 2 people 2 people
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Figure 141. AMT 3-view drawing

14.4 Boeing/Saab T-X Trainer

The winner of the USAF advanced trainer was by the partnership of Boeing and Saab. Since the
Boeing/Saab aircraft is only at the prototype stage and it’s a new military aircraft, limited data is available.
One of the two prototype aircraft is shown in Figure 142 and Table 48 lists the available data on the aircraft.

Figure 142. Boeing/Saab T-X aircraft [44]
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Table 48. Boeing/Saab T-X- aircraft specs

Parameter Value Sl units Value English units
Crew 2 people 2 people
Length 14.15 m 46.42 ft
Wingspan 10.0 m 32.81 ft
Height 4.0 m 13.12 ft
We 31.9 kN 7,165 Ibs
Wro 53.9 kN 12,125 Ibs
Engine-GE F404

T 49 kN 11,000 Lbs
Tw/ AB 79 kN 17,700 Ibs
Vmax 1,300 km/hr 808 Mph
Range 1,840 km 990 NM
Service ceiling 15.0 km 50,000 ft
RC 10,200 m/min 33,500 ft/min

145 Recommendations and Future Work Opportunities

Comparing the AMT to Boeing/Saab’s T-X design, the designs are very similar. Which is not surprising
considering they are design for the same mission. The noticeable difference is the T-X is slightly larger in
length, wingspan, and takeoff weight. The AMT is sized with a greater empty weight. Based on this, there
could be additional structural weight savings that are not considered in the methods of the Airplane Design
series. This would be something that would be determined in design revisions if the AMT went into
prototyping. Based on the engine selection, the AMT has a much greater performance capability due to the
EJ200 having more thrust than the F404.

The design process has covered a vast spectrum of topics but there are many other areas that could be
explored. A detailed structure layout was not covered, and this would be interesting to see how the structure
would be incorporated into the design. Once a structural layout is determined, a structural analysis could
be performed under the different loading scenarios.

The wing design did not cover an in-depth airfoil selection process. As mentioned in the chapter, this
depends on a number of parameters that must be analyzed at critical flight phases. This would help
determine the correct airfoil profile distribution across the wing. Once an acceptable design is determined,
a small-scale model could be 3D printed and wind tunnel tested. From this, aerodynamic coefficients would
be obtained and would be used to verify drag polars and other performance characteristics.

The Class Il W&B helped to refine the weights of the various components, but this could be further
refined. This would require a detailed breakdown of all the components, and researching which parts are
available and which ones need to be built ground up. Once a more accurate subsystem and structure layout
is determined, more accurate moments and products of inertia would be determined.

The last topic would be an in-depth stability and control analysis of the dynamic response of the aircraft.
With a refined design of the above topics, a proper analysis of the aircraft’s response at different flight
conditions would be determined. The three main flight conditions to test are: low speed for landing and
takeoff, subsonic maneuvering and handling characteristics, and supersonic maneuvering and handling
characteristics.
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